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FOREWORD

This report was prepared by the Convair Aerospace Division
of General Dynamics Corporation, Fort Worth, Texas, for the Air
Force Flight Dynamics Laboratory under Contract F33615-73-C-
3043, Project 147601. The work reported here was performed in
the period December 1972 through October 1973.

The results of this work are documented in two volumes.
Volume I presents the methodology developed in this study;
Volume II contains the user manual for a computer program
which automates these methods.

The work was accomplished under the direction of
Mr. J. Kenneth Johnson of the Air Force Flight Dynamics
Laboratory (FXM). The author wishes to acknowledge the
valuable assistance of Mr. Eugene L. Crosthwait, Convair
Aerospace Division, in the development of the empirical
methods for the wing lift and wave drag characteristics.

This technical report has been reviewed and is approved.

PIhif6 . Antonatos
Chief, Flight Mechanics Division
Air Force Flight Dynamics Laboratory
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ABSTRACT

This report (Volume I, Empirical Methods) presents the
methods, equations, and substantiating data for an empirically
based computer program for the rapid and accurate evaluation
of the aerodynamic characteristics of large aircraft (bombers,
tankers, and transports) from takeoff through landing and
through the subsonic, transonic, and supersonic speed regimes.
The program calculates lift, moment, and drag characteristics
at both low- and high-lift conditions, including the effects
of ground proximity during landing and takeoff. The input
requires the configuration geometry and the aerodynamic condi-
tions for which solutions are desired. The program includes
the capability of analyzing both fixed-wing and variable-sweep-
wing configurations as well as the aerodynamic characteristics
of the most recent supercritical wing designs. The accuracy of
the program is verified through comparisons of the predicted
results with experimental data for several configurations.
Details of the input and output for this program along with
a F(JRTRAN source deck listing and sample problem are contained
in Volume I1, Program lUser Guide. Although +tj .. a..
developed to handle the bomber, tanker, transport class of air-
craft, it is also applicable to fighter type aircraft without
maneuver devices.
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1. INTRODUCTION

The need for a computer program for performing rapid and
accurate evaluation of the aerodynamic characteristics of an
aircraft is evident during evaluation of a preliminary design
configuration when both time and geometry definition are
limited. A quick-response program is also needed for performing
preliminary design trade-off studies. This report presents
documentation for an empirically based computer program that
will predict, with minimum aircraft geometry input requirements,
the aerodynamic characteristics of large aircraft (bombers,
tankers, and transports) from takeoff and landing through the
subsonic, transonic, and supersonic speed regimes.

Some of the methods contained in the AeroModule program
(Reference 1) developed at General Dynamics' Convair Aerospace
Division, Fort Worth Operation, are utilized in the Large-
Aircraft Aerodynamic Prediction Program. The AeroModule pro-
gram was developed to proV1 '• id e f a. A-g - U8- . Lues-or use

in a computerized aircraft design synthesis program. The
Large-Aircraft program has extended the AeroModule methods to
include moment calculations along with improving the methodL
used to predict lift and drag.

Input to the Large Aircraft program requires the configu-
ration geometry and the aerodynamic conditions for whichi solu-
tions are desired. Aircraft geometry is represented by a
series of component bodies and airfoil surfaces. The geometry
input requirements are minimized by u-S cf internally calculated
values where possible. Component wetted areas can either be
calculated internally from other input or input directly,
as desired. The program includes the capability of analyzing
both fixed-wing and variable-sweep-wing configurations along
with either conventional or supercritical wing designs.

The output from the Large Aircraft program consist of
tabulated CL, CD, Cm, and angle-of-attack predictions for a
given Mach number and altitude or Reynolds number condition.
In addition, 4 breakdown is given of each drag item such as
drag rise, wave, friction, base, trim, camber, etc. Also,
other aerodynamic parameters such as lift-curve slope, CLmax,
polar-shape factors, wing-body aerodynamic center, etc., are
listed. The output format is designed to provide the program
user with a quick scan of the significant aerodynamic para-
meters along with an in-depth lock.

1



. . . . . ---.-.--------

The methods, equations, and substantiating data for the
Large Aircraft program are presented in the following sections.
Details of the input and output of this program along with a
FORTRAN source deck listing and sample problems are contained
in Volune II, Program User Guide.

Although this program was devpeoped to handle the bomber, tanker,
transport class of aircraft, it is also applicable to fighter type air-
craft without maneuver devices. The program is referred to throughout
the text as the Large Aircraft Program.

2p
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2. GEOMETRY

The Large-Aircraft Aerodynamic Prediction Program requires
a minimum of input data since most of the geometric parameters
used in the aerodynamic methods are calculated internally within
the program. Some geometric parameters such as wetted areas and
mean geometric chords can be either generated internally by the
program or accepted as input data. The conventions and equations
used by the Large Aircraft program to determine the geometric
parameters used in aerodynamic calculations are described in this
section.

2.1 Component Geometry

The basic aircraft geometry is represented by a series of
components. The fuselage, canopy, and stores are represented by
a series of bodies; the nacelles are represented by another series
of bodies (opennosed); and the wing, tail surfaces, pylons and
ventrals are represented by a series of sirgle-panel airfoil sur-
faces. For cranked or complex wing planforms the wing can also
be represented by a series of interconnected surface panels.

the geometric parameters for variable-wing-sweep configurations.

I |! 2.1.1 Body Geometry

The minimum geometry input requirements for the body compo-
nents are length. width, height, nose lengthand boattail length;
in addition, for open-nosed bodies, the inlet and exit area must
be specified. If the maximum cross-sectional area of the compo-
nent, AMAX, is not input, the value is calculated by

SAMAX = 4 (width x height) (2-1)

Also, if wetted area for the component is not input, a value is
then calculated. The wetted area for close-nosed bodies is

I determined by

A+T 42.8/ + 2-BT AMAX2(2-2)

+ 4 IN d/BT) If/'A (2-2)

3



For open-nosed bodies, wetted area is determined by

T- 2 .5N(I + KmLET ) + 2.51BT(I + AAXIT
AWET [4(Aryirh AB' A~ k

+ 4(1 - / BT) A4AX (2-3)

2.1.2 Airfoil Surface Geometry

The input required to define the planform for the airfoil

surface components that represent surfaces other than the main

wing are exposed taper ratio, exposed root chord, and the leading-
and trailing-edge sweep angles.

The aspect ratio and the exposed area of each component
are calculated by the equations

(i-AS) 4 (2-4)TT777 'ta-( - f-nnL/i-n. l

r 11 A)2 ARS 255EXP - (CR)s (1 )4) 25

If the component wetted area and mean geometric chord are not
input, they are calculated by the equations

F1 (CR) 1 + 1," (2-6)

SWET = SEXP L2+.1843(t/c)s + 1.5268(t/c)s 2

- . 8395(t/C)s3j (2-7)

The wetted area is essentially twice the exposed area with a
small factor to account for thickness.

For trim calculations the location of the hortiontal tail
quarter-chord point on the MAC is calculated from

4



XHT blýT F1+2ART~ tan(kLE)H + H +(XE(28
9- 1 1+-AT I +T (XEHT (28

where bHT is the exposed area span of the horizontal tail calcu-
lated from bHT - V ARHT ' SEXP The moment arm of the tail at
any angle of attack is computed from

T - XH cs (.-.) (2-9)

where

X (T ZCG)2 + (XHT - XCG)I

and

(ZHT - ZCG)
S-CL •arctan (XHT -

XCG and ZCG are the longitudinal and vertical locations of the
moment reference point and ZHT is the vertical location of the
qua4-ter--huLd point on the horizontal tail MAC.

2.1.3 Win& Geometra

If the main wing is defined as one panel, the aspect ratio,
taper ratio, leading-edge sweep, planform area, and the location
of the wing relative to the fuselage are required input to define
the planform geometry. The geometry for a complex wing planform
is represented as a series of panels, as shown below in the sketch.

fI
XLE, YW & CRW ARE DEFINED
FOR EACH PANEL

3-

y 2

YW(l) PANEL #1
- N FUSELAGE

- INTERSECTION

XLE(l)

5



The total wing is defined by up to ten panels. The leading-edge

location and chord length of each panel edge is specified along

with the average section camber and thickness of each panel.

Average values of thickness and camber are computed by the root-

mean-square equations

tic S• EX-P

IN(C-1d) 2i~i
C~d • •(2-11)

where SEXP =• Si is the sum of the exposed areas of all the
panels. Certain aerodynamic calculations, such as wing wave
drag and lift-curve slope, require the use of an "equivalent"
trapezoidal wing that approximates the planform of the arbitrary

-wing. The sweep angle of the equivalent wing is obtained by
area-weighting the sweep according to the equations

N
S(tanALE) i Si

(taiAE) - i (2-12)

SEXP

N2 (cosAc 4 ) Si

(co•/ye4 ) (2-13)

SEXP

N (cosAc/2) iSi

(cOsAc/ 2 )e = Xl (2-14)
SEXP

N
•itan-A&TE) i Si

(tarE) e = ((2-15)

S EXP

6



If the wing panel wetted areas and mean geometric chord
are not input, they are calculated by use of equations similar
to Equations 2-6 and 2-7.

For a multiple-panel wing, if the planform area is not
input, a value is calculated by summing the panel exposed areas
and adding the area obtained by extending the innermost panel
to the centerline of the aircraft. In the case of a wing whose
innermost panel represents a strake with a large leading-edge
sweep angle, extending this panel to the centerline of the air-
craft would result in an extremely large planform area. In
this case the value of the theoretical planform area of the wing,
ignoring the strake, should be input. The aspect ratio is de-
fined as

AR - b2 /SpLAN (2-16)

Lift and drag parameters are calculated by use of the aspect
ratio defined with the wing planform area, and the final results
are then referenced to the reference area, SREF, which is input.
In most typical cases, SpTv.A. equals SREF.

2.2 Varlable-Sweep Configuration

IThe planform for a variable-sweep configuration is defined
by a trapezoidal movable panel and an optional glove panel, as
shown in the sketch below.*

ULE(3) ~

XLE(2)

D XPIVOT
XLE(l.) YPIVOT

_XAPEX ,

7



The procedure first defines the coordinates of Points 1, 2,
3, and 4 from the input. (The input planform area is equal to
twice the area enclosed by these four points.) When the movable
panel is rotated about the pivot point, the resulting geometry is
as sketched below. The coordinates of Points 2, 3, 5, and 6 are

2

3

A

5 -
-4

then determined. The planform area is calculated as twice the
area enclosed by these four points. Since the tip chord is assumed
streamwise at the forward reference sweep, the distance from Point
2 to the centerline is the semi-span, b/2. The aspect ratio is
thus defined as

AR -
2 Q~LN(2 6

The taper ratio is calculated as

A - CT/CR (2-17)

where CT and CR are as defined in the following sketch.
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The mean aerodynamic chord (MAC) and wetted area of the

outboard panel are calculated by use of the tip chord, CT, and
the chord, CRX2 . The (MAC)calculated is expressed for the out-
board panel as

(MAC)calculated 3 RX2( 1 + (2-18)
IAJ

where •' - CT/CRX2. The wetted area (Awet)calcul ted is com-
puted using twice the exposed area of the panel and the thick-
ness correction to wetted area expressed by Equation 2-7. These
calculated values for MAC and Awet are compared with the optional
input values at the forward reference sweep and the aft reference

~ ,jivA 44-1i~ra * T~ - hF *-I- I I a A .,r"A 4 4-.. 1.a A4 .,,

might occur for non-trapezoidal planforms, the input values are
used and the incremental differences between the two are used for
interpolation purposes in the calculation of MAC and Awet at
intermediate sweep angles. The equations are as follows:

MAC MACcalc. +•MAC 1 + (AMAC2-AMAC-) (2-19)

Awet Awetcaic + 'Awetl + ('Aet2"wettA-Al (2-20)

9



where

6MAC - MACcal - MACinput

6Awet - Awetcalc. - Awetinput

and where the subscript I refers to the forward reference sweep

position, and the subscript 2 refers to the aft reference sweep
po si tion. ,

The maximum-thickness sweep angle,A(t/C)max, used in fric-

tion drag calculations, is calculated from the quarter-chord
sweep of the panel and the inputA(t/c)max at the forward and
aft reference sweep positions. The equation is

A(t/c)m, -Ac/4 +4-i + (4 42-44) l (2-21)

where

'A- (Ak/4)calc. - (At/c)max)input

The streamwise camber and thickness of the outboard panel
at a given sweep are calculated by

. C '/C '
(CL)alc. (CLdref (C'/C)ref (2-22)

(t/C)calc" C I//ef"• •r (2-23)

where
r rsrka cosA.

C'/C " 0.5 LE + c E (2-24)
cOBWE-Ac/2) + c-OsGc/2-ATE)J

Equation 2-24 is the relationship between the chord perpendicular
to the mid-chord sweep, C', and the streamwise chord, C. For a
variable-sweep wing, C' remains constant so that the camber and
thickness perpendicular to the mid-panel sweep also remain
constant. Finally, the outboard panel thickness is compared with
the aft reference sweep input value and, if the calculated and
input values differ, the input value is used for interpolation

10
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pu'rposes in the calculation of t/c at intermediate sweep angles.
The equation is as follows:

(tic) - (t/C)calc" + (/c) - (2-25)

where (lt/c) - (t/C)input - (t/c)calc' at aft sweep.

The variation of wing twist with sweep can be calculated
from

t- arctan ( AZ (2-26)C" tip

where AZ is the vertical position of the leading edge (assuming
the wing is twisted about the trailing edge) and C is the
streamwise chord at the tip in the swept position. The tip
displacement is calculated at the forward reference sweep posi-
tion through the equation

(AZ)tip - (CRA) tant

The streamwise chord at the tip is calculated from

Ctip -CR - (b/2)(taALE - tanATE)

The tip displacement is assumed to be independent of sweep.

The variation of wing incidence with sweep is calculatedI from
if iref ( - tanAALE" tartATEl) COSAALE 

(2-27)

where .A-LE -ALE -ALE1 . In calculating the variations of twist
and incidence with wing sweep, it is assumed that the wing pivot
is perpeiidicular to the wing chord plane.

2.3 Airfoil Section Geometry

Several airfoil section parameters are used in the aerodyna-
mic predictions. These parameters are generated internally in the
program for the NACA 6-series and 4-digit airfoil sections along
with biconvex and supercritical airfoil sections. The procedure
determines the leading-edge radius as a function of thickness

[ 11



ratio, t/c, for these airfoils, as shown in Figure 1. The
distance of the position of maximum thickness from the leading
edge, Xt/cmax, is listed in Table I. A leading-edge sharpness'
parameter, ky, expressed as

,&y - A(t/c) (2-28)

is defined for uncambered airfoils, where A is a function of the
airfoil leading-edge geometry (shown plotted in Figure 2.2.1-8
of Reference 2). The trailing-edge angle of the upper surface
of the airfoil is computed from

TE - BS(t/c) + C(Ced) (2-29)

A, B, C values used in the Large Aircraft program are listed in
Table I.

If the airfoil section cannot be approximated by one of the
sections contained within the Large Aircraft program, the user
can input geometry to define any arbitrary airfoil section.

Two examples of the designation for a six-series airfoil are
givenl by-y

64--210 and
64A210

The 6 for the first digit indicates a 6-series airfoil. The
second .ligit (4) designates the chordwise location (in tenths)
of the nmnimum pressure for the basic symmetric airfoil at zero
lift. The third digit (2) designates the camber design lift
coefficient (in tenths). The last two digits (10) designate
theV airfoil thickness (in percent). The letrer A appearing in
some 6-digit. series designations indicates that a modified
thickness and camber distribution is used.

An example of the designation for a 4-digit airfoil is given

by:

0012-34

where the 12 designates the thickness (in percent chord), the 4
designates the position of maximum thickness (in tenths), and
the 3 designates the leading-edge radius (3 designates 1/4 normal,
6 designates normal, and 9 designates 9X normal leading-edge
radius).

12
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Table 1

TABULATED AIRFOIL SECTION PARAMETERS

Airfoil Type X(t/c)max A B C

63-series .35 22.0 34.6 14.8
64-series .375 21.7 38.4 14.8
65-series .41 19.2 46.4 14.8
66-series .44 18.35 60.2 14.8
63A .37 22.0 57.5 14.05
64A .39 21.2 59.5 14.05
65A .42 19.2 66.5 14.05
Supercritical .3471 27.0 30 40.0
Biconvex .50 11.75 95.0 0.0
OOXX-62 .2 24.0 50.0 13.8

-63 .3 24.0 63.0 13.8
-64 .4 22.0 82.8 13.8
-65 .5 20.0 113.0 13.8
-66 .6 20.0 153.0 13.8
-33 .3 19.0 63.0 13.8
-34 .4 17.0 82.8 13.8
-35 .5 15.0 113.0 13.8
-93 .3 29.0 63.0 13.8
-94 .4 27.0 82.8 13.8
-95 .5 25.0 113.0 13.8
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3. MINIMUM DRAG

The drag of an aircraft can be represented as the sum of
minimum drag, plus drag due to lift, plus drag due to trim. The
drag bookkeeping system used in the Large Aircraft program has
minimum drag comprised of the drag items that are "assumed" to
be independent of lift, such as frictkon, form, interference,
wave, base, camber, roughness and proturberance. Drag due to
lift is comprised of the drag items that vary with lift, such
as induced drag, profile drag increment due to lift, and flow
separation drag. Transonic drag rise, which varies with lift,
is separated for bookkeeping purposes into an increment added
to minimum drag and an increment added to drag due to lift. In
cases where the fuselage has an upswept aft end, the increment
in fuselage drag between an upswept fuselage and a symmetrical
fuselage is tabulated in the program output as a function of
lift. The drag buildup does not include incremental drag con-
tributions due to propulsion installation such as spillage drag,
bleed, nozzle effects, etc. In many thrust-drag accounting sys-
tems the propulsion related drag increments are included in the
propulsion force buildup since these drag increments vary with
power setting. If a horizontal tail is present on the configu-
ration, the untrimmed lift and drag is computed for a zero tail
deflection condition. The effect of horizontal tail deflection
for trim is determined by computing the lift and drag increment
relative to the zero tail setting.

The methods used to determine each of the minimum drag

contributions and the fuselage aft-end upsweep drag are de-
scribed in the following subsections. Drag rise, drag due to
lift, and trim drag are discussed in Sections 5, 4, and 7,
respectively.

3.1 Friction,_ Form, and Interference Drag

A large part of the subsonic minimum drag is comprised of

the sum of friction, form, and interference drag of all the
aircraft components. The drag of each component is computed as

CD - (Cf Awet FF • IF (3-1)
SREF~

where Cf is the compressible flat-plate skin-friction coeffi-
cient, Awet is the component wetted area, and FF and IF are the
component form and interference factors.

15



3.1.1 Friction Drag

The flat-plate, compressible, turbulent, skin-friction coef-
ficient is determined from the general equation given in Refer-
ence 3,

Cf •Cf(RN * F2 ) (3-2)

where Fl and F2 are functions of the freestream Mach number and
wall temperature. The incompressible skin-friction coefficient,
Cfj, is evaluated at the equivalent Reynolds number, RNL F2.
White and Christoph (Reference 3) developed expressions for the
transformation functions Fl and F2 along with a more accurate
explicit equation, bhsed on Prandtl/Schlichting type relations,
for computing the i'icompressible, turbulent,flat-plate friction
coefficient (Cfi) with the following results:

F1I . t- f-

F2 - tl+n f

0. 430

(li og 1 0 RNL) 2 5 6

For an adiabatic wall condition, t and f are given by

t - Tm/Taw + r [--! M 2

f - I + 0.044 r M 2 t

Using a recovery factor r - 0.89 and a viscosity power-law expo-
nent n - 0.67, recommended in Reference 3, results in the follow-
ing expression for Cf:

Cf - t f2 0.430 (33)

where

t - [1 + 0.178 N

f - 1 + 0.03916 MW2  t

The Reynolds number, RNL, is based either on component length or
a admissible-surface roughness, whichever produces a smaller

value of Reynoldb number, as follows:

16



(RN/ft) • L
RNL - minimum (3-4)

RN ~K1 . (L/K)I' 0 4 8 9 (3)

where

RN/ft is determined from standard atmospheric tables or
is input.
L is the characteristic length of the component.
K is the admissible surfa..e roughness and is an input
quantity.

and,

K1 - 37.587 + 4.615M + 2.949M2 + 4.132M3

For mixed laminar-turbulent flow, transition location is
specified for the upper and lower surfaces of the wing. For the
laminar portion of the flow, the Blasius skin-friction relation

Cf - l.328IJ[R-7 (Cf-5
Xr EcffiLamiutarI whe-re rcf/cf - (1 +4 r. 1,);~256N 2 .12 4. .,.d pA toth46_ n

tion point. At the transition point, Xr, the laminar momentum
thickness is matched by an iterative process to a turbulent-
momentum thickness, which begins some fictitious distance, AX,
ahead of transition. The skin-friction coefficient for the
turbulent part of the flow is calculated from Equation 3-3,
where the Reynolds number is calculated from

RNL - (AX + L - Xr)0(RN/ft) (3-6)

i i- 1 univin ef rc T.-
4 0-, f-v-•-*v 4 #-4 ̂ .v 4 a 64 .- % ,I 1. ^4 -- 1..

Cf = + L-Xr) (3-7)=CfTurb.(37

Calculated values of Cf versus RN are presented in Figures 2
through 7 for mixed laminar-turbuient flow.

3.1.2 Form Factors

The component form factors, FF, account for the increased
skin friction caused by the supervelocities of the flow over

17



to

-- -------------

A J.iJA

7T T ý-f-1 -T

144-

2- 7LI-F T CD

4
4-

14
kAA TýL -

7u 
00

4+

H A

cli4'A T

-AA-t I Iff if]-L4 T-Týil IEý-V-I=fi iý7 - -4

7- .............. 00

5 
04

4

j4
F

4

-+4 CN

14

Lr)eq h-
r-4#,4 CN -Cl)-----------
00

r-4

-A

fit I

777

cn
0 0C) 18C!



C:

- 4 1-r7-- -t7rr

________17__ 

-71

* .. ~ .3

I cl

1-4 7If77 YJ, v j I

ii
7' z<~a TI.-

I%,



I-- 1T

44

- ~~ ~ ~ 7 o --.---1

00

_ _ C4

-4

1--4.. -

--- ~,-- - f-j,~~ -

0 4
- ~ -- - 7-J ** *

4 -- . - -. -; C

-4D 4 -4~ - C -- - C
- ~ 20



......... .

-.- -14

4___

7 ". 7 7:_

-~ ~~ ...--.

IPIN

Ir
-7 -7 - ----.- --

1-I21



:-: rr-, -F=T -T

ý4 Tf
-1 71

17;
'': .. CýLTt-- -PA - -,- -- -,, -- -,:-,

4
+ 

C14

L 

L

-j

7 IT - j-ý ITT-] 00
6- T-T-

Jý- IR-77 -T

4-

4;
2 44 f

F , --------------ff I - 71 Pt- I
t4

L) + +

E- ILI

gn -4

mv-v

7- 4-144E 4341 co

=V-- 4T- A-........... .......5-
A- tf ft

z f If

HC) %0

2-

-4 C-i
-4- Aj

A

CA C14
9- -4

so ZO

IT. - co
-4 4 10-P, T

L 7 Y-1 T I - --4-411 r.+-;
4--4 Itili - - - -------- 04 Nt
3- IL ki

-7- 4

2-

C*4

4-ý =t:tA

Ln V) C14
C) Cý 4-4

22



- - - - - - - - -0

t-4:1 t-H4

it -1

- - - -

11 it II I [I II

Ik

0 4 423



the body or surface and the boundary-layer separation at the
trailing edge. The form factor for the "body" component is
computed as

FF - I + 60/FR3 + 0.0025 FR (3-8)

where

Component Length

vWidth x Height

For "nacelle" components, the form factor is given by

FF 1 I + 0.35/FR (3-9)

Equations 3-8 and 3-9 were obtained from the Convair Aerospace
Handbook (Reference 4) and also appear in the DATCOM (Reference 2).

The airfoil form factors depend upon airfoil type and stream-

wise thickness ratio. For 6-series airfoils, the form factor is
given by

FF I + 1.44(t/c) + 2(tic)2  (3-10)

For 4-digit airfoils, the form factor is given by
, 2

FF I + 1.68(t/c) + 3(t/c) (3-11)

For biconvex airfoils, the form factor is given by

FF - 1 + 1.2(t/c) + 100(t/c) (3-12)

And for supercritical airfoils, the form factor is given by

FF - 1 + KlCld + 1.44(t/c) + 2(t/c)2  (3-13)

The factor KICId in Equation 3-13 is an empirical relationship
which shifts the 6-series form-factor equation to account for
the increased supervelocities caused by the supercritical-
section design camber CId. The factor KI (derived f :om experi-
mental data) is shown plotted in Figure 8 as a function of the
Mach number relative to the wing Mach critical. Equations 3-10
and 3-11 were obtained from informal discussions with NASA/LRC
personnel; Equation 3-12 appears in both the DATCOM and the
Convair Handbook.
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3.1.3 Interference Factors

The component interference factors, IF, account for the
mutual interference between components. For the fuselage,the
interference factor is given by

IF - RW_ B (3-14)

where RW.B is shown plotted in Figure 9 as a function of fuse-
lage Reynolds number and Mach. For other bodies such as stores,
canopies, landing gear fairings,and engine nacelles, the inter-
ference factor would be an input factor based on experimental
experiences with similar configurations. The Convair Aerospace
Handbook (Reference 4) recommends using

IF - 1.0 for nacelles and stores mounted out of
the local velocity field of the wing

IF - 1.25 for stores mounted symmetrically on
the wing tip

IF 1.3 for nacelles and stores if mounted in
moderate proximity of the wing

IF - 1.5 for nacelles and stores mounted flush
to the wing or fuselage.

The interference factor for the main wing is computed as

IFRLS R (3-15)

where RW.B is the wing-body interference factor presented in
Equation 3-14, and RLS is the lifting surface interference
fctor pre......i. Fi4gure 1, F'nr supercritical wings the
wing interference factor is set equal to one. Other airfoil
surfaces such as horizontal or vertical tails use an interfer-
ence factor determined by

IF - RLS *Hf (3-16)

where Hf is the hinge factor obtained from input (use Hf - 1.0
for an all movable surface, 1.1 if the surface has a flap for
control). The factors RW.B and RLS are plotted in Reference 3
and also appear in the DATCOM.
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3.2 Camber Drag

The minimum drag contribution of the wing twist and camber
is related to the lift coefficient of the polar displacement,

ACL, by the equation

CDCAMBER e e K&C L 2 (3-17)

This increment is called camber drag and represents a drag incre-
DMI Te spn eficincre

ment between minimum profile drag and CDMIN" The span efficiency
value, e, is related to the induced drag factor, K, by the equa-
tion

Ie = •.RV r ARK

If, for some reason, e -> 1, an alternate equation, obtained from
Reference 4, is used:

2.SEXPOSEDCDcM~BER - 0.7(ACL) S (3-18)SREF

3.3 Base Drag

Data presented in Reference 5 were used to establish equa-
tions from which the base drag of bodies could be determined.
The trends of these data show three different phases: (1) a
gradual rise of CDBase at transonic speeds up to M - 1, (2) a
relatively constant drag level supersonically up to about M -
1.8, and (3) a steadily decreasing value of drag above M - 1.8.
The resulting empirical equation-s S.r. Cien as

(0.1 + 0.1222M8) Bas ý%
SRef

CDBa = 0. 2 2 2 2 SBase/SRefl.0 <M < 1.8 (3-19)

1. 4 2 SBase/SRef)/(3.15 + M2 ), M >/ 1.8
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3.4 Wave-Dra

Supersonic wave drag is determined on the basis of a compo-
nent buildup for which simplified shapes are assumed. Three
basic simplified shapes are used to represent the airplane:
bodies, .nacelles, and wings. The component buildup assumes
that the total wave drag is the sum of the isolated wave drag
of each component and does not allow for the mutual interfer-
ence between components. However, the component-buildup method
does give wave-drag results comparable to average configurations
which have some degree of favorable and unfavorable interference.

3.4.1 Wing Wave Drag

The technique used to estimate wing wave drag evolved from
a method that applies transonic similarity theory to straight
wings. Data correlations at Mach I were performed on a large
number of unswept wing configurations with blunt and sharp
leading-edge airfoils. For the Large Aircraft program, these

results were represented by an analytical function conmmon to
both types. The equations were then modified for M > 1 to pro-
duce a peak value at low supersonic . -e-As and then to decrease
at high Mach numbers to values predicted by straight-wing linear
theory for equivalent two-dimensional configurations. Finally,
sweep effects were included. The resulting semi-empirical equa-
tions are presented below:

2KtKwKcKb

CD 3

Kb' K -(F r l/Ak ....) + @ .41
L1+(l+ 1-,- 3#e,

+ -KKwKcK 3 (3-20)

fiKb w 3 .8 ( F 0)m + AR 2/ie 3 l+Koq' 5  + _ _
1 +A) FO 8 1+3a ]

where

CD - CD/(t/c)

Kt - airfoil thickness distribution factor

-2 c 2 4 t +)

30c



Kb, Kw, airfoil factors

Kb - 1.0, Kw - 1.2 for double-wedge sections
Kb - 1.069, Kw - 1.0 for curved-type sections

Xt - location of section maximum y ordinate

ro - section leading-edge radius

Kc - airfoil camber factor

1 + 2-(hlt)2
2

h - section camber (maximum y ordinate)
+1/2 2

doSALE + -A-7 (tan2LE - tan 2ATE)
Kp = - ... 1 2

1 + (;)--2(tanALE + tanATE)

(1+2r9)
FO - 0.3 + 0.7 Kp

- 81/(t/c) 1 / 3 = v/i-7/(t/c)1/3

1+ X2 (2-X) 3

2 (Ulim/$) at > >

1+ X2(2-X) 1 at
2 _

Z = cOSALE +LcOSATE

anid whr LAR : I mhtwnAei t valueo
and where ARe is the strait-wing AR having the me ue of

CD/(t/c)5/3 at M = 1.0 as AR, where A - AR(t/c)

The value of ARe is determinqd by solving the following
equation by use of an iterative method:

1_ _ __ _ 2_ __ _ __3+__3_332 _3 3.33 K

S+A~e3 2__ + 1 +1 AR3 2_

AI) -33)AeAR AR3
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The term im represents the approximate value of t8 ac which
CD/(tic)5 / 3 willf maximize, provided the body is essentially
cylindrical where the wing is attached. If the body is aria-
ruled, the peak value of CD/(t/c)573 may or may not be closely

approximated.

3.4.2 Body Wave Drag

The fuselage body wave drag is computed by dividing the
body into two parts, consisting of a simplified pointed nose and
a simplified boattail. That is,

CDWoY CDpN AMAX + CDpBT AMAXE (3-21)
BOY N SREF SREF

Nosewave drag, CDPN, is determined from Linnell's empiricalequation

1.2 + 1.15( 'f2l1)
(fm 2 +1) CDP. 1 + (3-22)I + 19pv

for the supersonic wave drag of parabolic noses (Reference 6).
For Mach numbers between 1.2 and 1.0, the nose wave drag is
determined from the curves of Figure 11, which were derived from
the transonic drag rise of ogive noses, as presented in Figure
III.B.10-9 of Reference 4, and using Equation 3-22 as a supersonic
limit. The nose fineness ratio, fN, is calculated from the nose
length. fN, and the maximum cross-sectional area, AMAX, as

)H
Boattail wave drag, CDpBT, is determined as a function of

boattail fineness ratio (fB,.base diameter to maximum diameter
(dB/d), and Mach number. This is done by computing CDPBT at
five values of (dB/d) and interpolating to the desired value.
The general form of these equations is given below:

32A ___ _ _ _ _



. IN

MACHVE FRO. FI .. Il.B 0-7 Rf

-1

0 & FI4. 8, Ref._6 12

'N S I

.Figure i~Transonic Wave Drag o aaoi oe



For I/fN 1 and dB/d - dB(I

For d

CDPBT(l) + (I)./fB+A2(1).(•/fB) 2 +A3(I) ( 3ifB)3
fB2

(3-23)
For fN >

CDPBT(I) f2 A(l)(fN) (3-24)

The polynominal coefficients of Equations 3-23 and 3- .'
determined from a leasz-square fit of Fig. III.B.10-9of Refer-
ence 4 for ogive boattails, are tabulated below:

IdB/d Ao Al A2  A3  A4

I 0 1.165 -0.5112 -0.5372 0.3964 0.513
2 0.4 1.067 -1.709 1.6632 -0.686 0.3352
3 0.6 0.7346 -1.4618 1.5795 -0.6542 0.198

-- - - ------ -

5 1.0 0 0 0 0 0

3.4.3 Nacelle Wave Drag

The nacelle wave drag is calculated by a method simiiar to

that used for the fuselage:

'CNac•. + CD-) (3-25)"CDrNac (CDoN + DBT -REF

The equation used to calculate CDN for open-nose bodies is

CDoN I [(i- rIN/R)/fNJ' 5 /] (3-26)

where

• INLET 2 AIN T

R ? A/r

This equation is a curve fit of Figure III.B.10-6 of Referenpe 4.
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3.5 Fuselage Aft-End Up.weep Drag

The main parameters affecting the fuselage aft-end upsweep
drag are the upsweep angle and the crossflow drag coefficient
of the rear fuselage sections in the local flow, including modi-
fication by wing downwash. Data in Reference 7 indicate that the
afterbody drag increases rapidly with upsweep angle 1, but decreases
with increasing fuselage angle of attack. The curves in Figure 12,
obtained from the data presented in Reference 7, are used to predict
aft-end drag as a function of angle of attack.

3.6 Miscellaneous Ddpam Items

In the preliminary design stage of aircraft drag estimaticn,the drag due to surface irregularities such as gaps and mismatches,

fasteners, small protuberances,and leakage due to pressurization
are estimated by adding e miscellaneous drag increment which would
be some percentage of the total friction, form, and interference
drags. The miscellaneous drag varies between 10 and 20 percent of
the total friction, formand interference drags for typical air-
craft. The Large Aircraft program computes miscellaneous drag by
use otapercentage factor specified as input to the program.
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4. DRAG WIE TO LIFT

The Large Aircraft program predicts drag due to lift by one
of several methods, depending on the aerodynamic conditions at
which a solution is desired. The various regions are illustrated
in Figure 13; they are discussed in the following subsections in
the numerical order shown in the figure.

DB , 6

7

CL
6
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"ICR 2

1 3 4

MCRo MLU ML2

MACH N. MBER

Figure 13 Lift and Speed Regions for Calculation of
Drag Due to Lift

4.1 Subsonic Polar Prediction below Polar Break

Region 1 is bounded by the critical Mach number and by the
CL at which the polar break occurs (CL ) In this subsonic,
low-lift region, the drag due to liLt 91n'be determined from

4. 37



I-'

CDL K(CL -.CL)2 (4-1)

where the drag due to lift factor, K, is predicted from

K s- -R + R (4-2)
CLa, WAR eo

In this equation, a leading-edge suction parameter R, is used to
relate K to the lower bound of drag, l/2TAR, for full leading-
edge suction (R-1.0) and to the upper bound of drag, I/CLa, for
zero leading-edge suction. Body effects are accounted for in
Equation 4-2 by computing eo, shown plotted in Figure 14 as a
function of taper ratio and body-diameter-to-span ratio (d/b).

The correlation of leading-edge suction on induced drag was
first developed by Frost (Reference 8) and was later extended
for additional planform effects and high•'r subsonic Mach numbers

.(Reference 9). A study by NASA (Reference 10) showed that air-
foil camber, conical camber, sharp leading edges, leading-edge
flaps, Reynolds number, and sweep have significant effects on
the suction parameter. H. John (Reference 11) improved the
correlation of R for plane wings at low Reynolds number by in-
cluding airfoil thickness along with ldng-edge radius.

The procedure followed in the Large Aircraft program to
determine R is as follows:

1. Using the leading-edge radius and the leading-edge
sweep for each wing panel, determine fl from the
equation

RNLER xO3 cotALE ;l-M 2 cOsAlE; ALE ) 200

.q = (4-3)

RNLER X10 (5 -6 5 1 1tLE) ýl.M2COs7LLE; ALE <(200

(ALE in radians)

The switch from the cotangent term is made to prevent
flfrom going to infinity as sweep approaches zero.

The value of fl is then used to read RT from Figure
15, which is a plot of leading-edge suction for thin,
round-nose, uncambered airfoils developed in Refer-
ence 9.
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2. Using the leading-edge sweep of the wing panel,
determine RMN from Figure 16. The plot of
Figure 16 was obtained from the results reported
in Reference 10 for sharp-leading-edge wings. The
leading-edge-suction value for sharp-leading-edge
wings is independent of Reynolds and Mac4 numbers.

3. If the value of RT determined from step (1) is less
than the value of RMoN determined from step (2), set
RT equal to RMIN-

4. Using the wing panel thickness and leading-edge
radius Reynolds number, determine a thickness cor-
rection to leading-edge suction, RT, from Figure
17. Figure 17 was determined from the data presented
in Reference 11. The increment in suction parameter

ART it then added to the value of RT determined from
step (3).

5. Determine the effect of either section camber or
conical wing camber on the R factor from

R4 - RT + (0. 8 2 4-RT)-(Cr w - /. (4- 4). AA X 'Id'-Lcon'

if Ri > 0.874, Rt - 0.874.

Correlation with experimentai data and the results
of Reference 10 indicate that R does not decrease
as much for low Reynolds number when the wing is
cambered compared to an uncambered wing.

The accompanying sketch CAMBERED
shows the relative effect R AI

that Equation 4-4 will
predict for cambered
wings.

/ WING

RNLER

6. Obtain the effective R for the composite wing
from a span-weighted average of the individual
Ri for each panel as follows:
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N

Ri Y(i+l) - YW(i)- R(b/2 - d/2)
i-il

where YW(i+l) - YW(i) is *the width of the ith panel.

7. Using Figure 18 and the parameter AR •/cosALE, calcu-
late the effect of wing planform on R. The increment AR
due to planform is then added to IT, determined from step
(6), to obtain the final R value used in Equation 4-2.

The polar displacement, ACL, is related to the lift coeffi-
cient for minimum profile drag, CLoPT, by the equation

( AR K)CLOPT

The lift coefficient for minimum profile drag is related to the
camber, twist, and asymmetry of the configuration. Figures 19
and 20 present data (Reference 13) for the effect of NACA camber
and coni-. -cal ca 'ern C0-F u .LtLalU WL418b The
limited amount of data avIalable for correlation indicate that

0.75
CLoPT = 0. 5 19 5 (CLd) (4-5)

where CLd is the wing section design lift coefficient.

4.2 Supersonic Polar Prediction below Polar Break

The drag polar in the supersonic region beyond the second
limit Mach number below polar break (Region 2) is predicted by
Equation 4-1, where

CK = - e+ (4-6)

This equation is similar to Equation 4-2 for the subsonic induced-

drag factor except for the use of R, which is a transonic leading-
edge suction factor. For Mach numbers greater than Mach critical,
the suction factor is predicted from

R Ro/(l + n4M + (nAM) 2 ) (4-7)
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where Ro - leading-edge auction factor at the critical
Mach number at zero lift, MA°

n - 12(coSALE) 1 . 6

AM- M- cMCR

The variation of (R/Ro) for Mach numbers greater than MCR° is
shown in Figure 21. This method of predicting polar shape factor
produces a continuous decrease in leading-edge suction so that
in the limit as the Mach number approaches the sonic leading-edge
condition,the polar shape approaches (1/CL.).

The supersonic polar displacement for NACA camber is calcu-

lated from

KCLd(O.25-0.225ýcOtALE); ýcotALE 4 111

1CL = (4-8)0o; tcotAL ý 1.11

and the supersonic polar displacement for conical camber is
calculated from

CLcon(O'lll'O'I~cOtALE); ecotA[LE Z/ 1.11

ACL - (4-9)

These equations were obtained from a simple curve fit of the
data presented in Figures 94 through 97 of Reference 13.

4.3 Transonic Polar Prediction

In the transonic region bounded by Mach critical (MCR) and
the first limit Mach number (MLI) (Region 3), the induced drag
is computed by adding drag rise to the basic polar:

CDL K(C - CL)2 + CDRCL (4-10)

The basic polar shape is calculated up to MCim in the same manner
as described for Region 1. Beyond MCRo, the 6asic polar does not
change. An incremental drag-rise term (CDRCL) is calculated as a
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function of lift and is added to the basic polar to determine
the total drag due to lift. A complete description of the
techniques used to determine the drag-rise increment is given

in Subsection 5.3.

In the transoniz region above the first limit Mach number,

MLI (Region 4), the drag-rise term in Equation 4-10 becomes less
accurate. Therefore, the drag polar in Region 4 is calculated

by interpolation between the polar shape factors calculated in
Regions 3 and 2. The equations for K and ,&CL are given by i

M-MLI

K= KI+ (K1 2 - KLI) ML2-MLI (4-1)

A CL ACL + (ACL (4-12)

where ML1 < H < 2 The polar shape factors, KLl and CLLI,
are determined from a least-square curve fit of the polar shape
computed by Equation 4-10 at MLI. The polar shape factors KL2
and CLL2 are computed from Equations 4-6 and 4-8 at ML2.
Me Liimit Mach numbers are determined from

MEL = M'c + 0.05

If M-Ll < 0.95, then MLI 0.95

If MLI ;> 1.00, then MI 1.0

ML2 = MLI + 0.15

1 4.4 Subsonic Polar Prediction above Polar Break

The polar region between the polai-b.beak lift coefficient

(CLPB) and the initial-stall lift coefficient (CLDB) is the
region in which leading-edge separation and reattachment occurs,
causing the polar to deviate from a parabolic shape (Region 5
in Figure 13). Whet-her or not this region exists (i.e., the flow
reattaches after separation and allows the wing to reach a higher
lift coefficient before final separation occurs at the trailing
edge) is de~ermine3 by the type of airfoil, the Reynolds number, and
the leading-edge wini sweep. For thin wings, lnw Reywolds numbers,
or highly 3wept wings, the values of CLp and CLDB are equal.
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Leading-edge sharpness is a measure of the type of separation
likely to occur. Blunt, thick airfoils generally exhibit trailing-
edge separation, wbile very thin airfoils exhibit leading-edge
separation. Airfoils of moderate thickness are likely to separate
and reattach at the leading edge, followed by trailing-edge sepa-
ration (stall) at higher lift coefficients. Associated with the
leading-edge separation and reattachment is a loss in leading-edge
suction, which produces an increase in drag due to lift. Above
CLDB, the flow separates completely along the wing and the drag
increases more rapidly.

The prediction method in the Large Aircraft program utilizes
the sharpness parameter of the airfoil, Ay, as defined in Equation
2-28. IfAy is less than or: equal to 1.65, leading-edge flow
separation is assumed to occur. Also, if the leading-edge sweep
is greater than or equal to 50 degrees, it is assumed that lead-
ing-edge separation occurs. If Ay is greater than 2.05, a lead-
ing-edgc separation and reattachment occurs, followed by a trail-
ing-edge separation. For values of &y between 1.65 and 2.05, a
transition region exists in which the behavior varies between
the condition of full leading-edge separation at Ay = 1.65 and
fu1l leading-edge flow reattachment at Ay - 2.05.

Beccuse the polar-break lift coefficient is a function of
many variable--z, it has proved to be a difficult quantity to
predict. Data correlagions at subsonic and transonic speeds
performed during the development of the Large Aircraft program
indicate that the polar-break point can better be determined
with angle of attack as the parameter rather than lift coeffi-
cient. These correlations resulted in a method that determines
the angle of attack at poier break as a function of Mach number,
Ay, sweep angle, and wing camber. Consequently, the polar break,
CL, is calcu].ated as

CLpB CL " (CXPBO + A&PB) (4-13)

where (aPBO/cOAc/4) is shown plotted in Figure 22 as a function
of Ay and M cOsAc/ 4 . The term &aPB accounts for section camber
ani is deteruined from

&I A id
A0PB = (12.05-4.1 M cosAc/4)( Acosc/4)

which was derived principally from correlating the experimental
data in Reference 1U. lor wings with conical camber, an incre-
ment in CLFB is obtained from Figure 23.
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The drag due to lift is expressed in Region 5 as

CDL K(CL-ACL) 2 + K' (CL-CLpB) 2  (4-14)

CLPB < CL < CLDB

where K' 0.5!8/f.7 (Reference 1).

The upper boui.dary of Region 5 represents the lift coeffi-
cient at which trailing-edge separation occurs. It is predicted
as

CLDB CLpB I+ f RN-ý (E-i) - 6 CL]
ORN

where

0 ; Ay •< 1. 65

T- (Ay 1.65)/0.4; 1. 6 5 <&y< 2.05

1.0 Ay > 2.05

and (8CL/ORN) and 6CL are shown plotted in Figures 24 and 25.

The drag polar above CLDB (Region 6 in Figure 13) increases
sharply from the subsonic attached-flow condition. The polar
prediction for lift coefficients above CLDB is determined by a
modification of the empirical method presented in Reference 13
whereby

2
CDDB + KDCL + ACDB (4-15)

CL > CL.,B1

where CDDB is the predicted lift dependent portion of profile

drag at CLDB, KDCL 2 is the theoretical induced drag, and ACDB

is a correlated separation drag increment obtained as a function
of CLDB- The lift dependent profile drag at CLDB is given by

"KKuCC 2 . 2 (4-16)CDDB K(CLDBn-CL)+'(CLDB-CLpB) -KDCLDB

where the theoretical induced drag factor, KD, is predicted from

KD '(4-17)

where e' is a modification of the clabsical theoretical
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drag-due-to-lift factor I/7rAR to account for nonelliptical span

loadings and body effects. The factor e' is calculated from

el es [1 - (dlb)2] (4-18)

where the wing planform efficiency factor e'w is as plotted in
Figure 26 as a function of taper ratio, sweep, and aspect ratio.
The data of Figure 26 were obtained from a Weissinger lifting-
line solution presented in Reference 13.

The drag above CLDp represents the separation drag component
when major separation e fects are present. Simon et al. (Refer-
ence 13) measured this drag relative to the profile drag at
the drag-break lift coefficient and present correlated curves
Of LACDB versus CL, CLB, and Mach number. The ACDDB data were
curve fitted and result in the equati.on

BDB + B CLLDB CL> CLDB (4-19)

The factor KB is shown plotted in Figure 27. The program does
not vary KB with Mach number since the drag-rise term is included
in the polar buildup above CLDB-

For convencional wings the polar predicted by Equation -4-15
is continued uF through CLMAX. For low-aspect-ratio or cranked
wings (see Secticn 6) that develop vortex lift at the higher
Hit coefficients, the zero-suction drag polar predicted by

CDL = CL tan a (4-20)

is compared against the drag polar predicted by Equation 4-15
and the drag due to lift is set equal to whichever is lowest.
This produces a drag po .-lar as shown. in, te Sketch below. The
CL-a variation for vortex lift is predicted by the methods
given in Section 6.
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4.5 Supersonic Polar Prediction Above Polar Break

Supersonic Region 7 above polar break is predicted by the
semi-empirical method developed in Reference 13. The equation
for predicting supersonic drag due to lift above polar break is
given by

SCDL. (K-K')(CLP(-rCL)+K'(

where K and ACL are the polar parameters in the low-lift region
discussed in Subsection 4.2.

1The polar-break lift coefficient, CLPB, is correlated as a
function of sweep, aspect ratio, camber, etc. in Reference 13.
A curve fit of the data in Reference 13 results in the following

* ~equations forCLB

CLPB CLS 1+l.25(CLS9 +aCLS9 -CLSI)(PcOtJLE-.I)+0.5CId (4-22)

* where the factors CLS1, CLS 9 , and LCLS9 are shown plotted in Figure
28 as a function of aspect ratio.
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The polar shape factor, K', above CLpB is computed in
Reference 13 as

CK' ,H (4-23)CL~

where

1.1; ARtanALE 3.5

H - (4-24)
1.I + 0.1(ARtanA•LE - 3.5); AR tanj4LE >3.5
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5. CRITICAL MACH NUMBER
AND DRAG RISE

The drag-divergence Mach nuniber or Mach critical, is defined
as the Mach number at which a rapid drag rise intercepts the sub-
sonic trend in drag. The British method of predicting the critical
Mach number for two-dimensional airfoils (Reference l11 appears to
be the most accurate empirical method available. The British
method uses the Sinnott "crest criteria",where the low-speed
pressure at the airfoil crest is related to the drag-divergence
Mach number.

The Large Aircraft program uses a method analogous to the
British two-dimensional critical Mz.ch number prediction procedure
in order to predict the critical Kich number for a finite-aspect-
ratio swept wing. The critical Mach number is defined as the
value oF freestream Mach number which produces a local supersonic
flow measured normal to the sweep of the isobar at the crest.
The local Mach number normal to the crest isobar is taken to be
1.02 for conventional airfoils and 1.05 for supercritical airfoils
in order to define freestream critical Mach number. The sonic
condition at the crest can be predicted by means of a simple
eauation in which the incompressible pressure at the crest of
the airfoil and compressibility factors are used.

The value of 1.02 local Mach number for the weak shock at
crest condition for drag rise used in Sinnort's transonic air-
foil theory (Reference 15) was established empirically. Refer-
ence 14 shows that this method should predict MCR to within
+0.015 for the majority of conventional two-dimensional airfoils.
However, as shown in Reference 14, with "peaky" airfoils (as in
the supercritical airfoil) the onset of rapid drag rise may be
aelayad ,,ntil the shock is substantially downstream of the crest.
The predicted value of .MCR based on a local Mach of 1.02 at the
crest may thus be conservative by more than 0.02, and a local
Mach of 1.05 is necessary to achieve good correlation.

The following subsections discuss the methods used to
predict the pressure distribution around an airfoil and to
determine MCR from the pressure at the crest along with the
method used to estimate the drag rise above MCp.
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5.1 Pressure Coefficient Calculations

The incompressible, inviscid pressure distribution around
the airfoil is first defined, from which the pressure at the
crest can be determined. The method of Weber (Reference 16)
was used for the pressure distribution calculations. This
method requires the airfoil surface coordinates to be deter-
mined at the chordwise locations defined by

X() - I(i + cos -W) where 0- ) -1. N (5-1)

N may be any integer, but, in this program, N is set equal to 32.

The Weber formula is essentially a second-order linear
theory whereby the pressures are determined from multiplication
of the matrix of thickness and camber ordinates of the airfoil
by a matrix of constants given in Reference 16.

The formula for the incompressible pressure distribution
on an infinite sheared wing was obtained from the incompressible
form of Equation 93 in Reference 16, resulting in

F
I - Cp 2 1 1

i+ S Ms-

x(tcosyL [I + S( 1 )(X)cosA. 4- S(4)(X)cos

+ sin (Y COS_.l + 211

-cos [S(l)(X)sinA S(•)• sinA j

+ sin cv siAIA + S5)- -X( )
+~ ~~t sicj 0o se i

+ sin2.ACos 2o l - S(2)( 1 (5))x2 (5-2)

61osA
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For p orn the uppex surface the + is used, and for the lower-
surface Cp the - is used. Also,

N-I

S(() Z S (2 ) ZA

N-I
s(2(x) s(

S() N.-i (3), Z +S(3)s(")(x Z t' -+' SN.) VP2
s(4((x) + ss(2,,v'Tsc

u(4 )(-I N-i

-N-i (5)

Cfr -I- - - Si.t

Tables of the S~ t) matrices of constants are given in Reference
16 Zt. and Z., are the thickness and camber distribution
at the control pt•nt,4, given by

zt. = + Yt

and

Zs, •t(yu - yzL )

where y, and yz are the upper-and lower-surface ordinates
defined at the control point liL given by

X(/) (+ Cos* N
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5.2 Critical Mach Number Calculation from
Cre tline Pressure

The procedure followed to determine MCR for swept wings is
similar to the procedure outlined in Reference 14 to predict
the MCR for two-dimensional sections. In the procedure, Equa-
tion 5-2 is used to compute the pressure distribution around

the airfoil at a sweep angle determined from

arcos(cosAc/ 2)n; Ac/2 < 400

arcos [(c2SAl 2 ) f+'76604n]';Ac. 2 > 400 (5-3)

whereAc/2 is the wing mid-chord sweep at the semi-span of the
wing and the factor n is determined from

AR
n 7 i+AR

The sweep angle A represents an effective isobar sweep at the
mid-span region of the wing as affected by the root and tip
regions of the wing. The procedure used to determine NCR
based on the crest pressures is as follows:

1. Determine a chordwise incompressible, inviscid
pressure distribution for an angle of incidence
(a). integrate the pressure distribution to
nhtain f-hp lift- r'nffie-iPnt (-r..

2. Determine the chordwise position of the crest
for each x, the crest being defined as the
point at which the airfoil surface is tangential
to the undisturbed freestream direction (9 =a).

3. Determine the incompressible pressure coeffi-
cient at the crest (CPcrest).

4. Use Cpcrest to determine MCR from the relation

CPcrest P/ P/L) ( 1+0. 2MCR2COS2A) 3  -(4)

S1C2/ lN~ 2COSA0. 7MCF 2/]-.,t•osA

where (P/Pt) is the ratio of local static pres-
sure to freestream stagnation pressure as
determined from
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where HI i- the local Mach number normal, to the
isobar sweepA Aat the crest of the airfoil. MH
is set equal to 1.02 for conventional airfoils
and 1.05 for "peaky" or supercritical airfoils.
Equation 5-4 uses a Prandtl-Glauert compressi-
bility factor to correct the incompressible
pressure coefficient for Mach number rather
than the Karman-Tsien factor used in Reference
14. References 17 and 18 recommend using the
Praadtl-Clauert factor instead of the Karman-
Tsien factor in the M•{ prediction method for
highly cambered airfoils or general airfoils at
high-lift coefficients. The relationship deter-
mined by Equation 5-4 is plotted in Figure 29.

5. Use the Prandtl-Gleuert compressibility factor
(4D) evaluated at NCR to obtain the lift coef-.
ficient CLD from

CLD - CLi/#D

6. Repeat Steps I through 5 for a set of incidences
in order to obtaitn a drag-rise boundary from the
set of points (CLD, MCR).

Th ..... -c... ,•1, iuu~tmb predicted by the above six steps
is prevented from exceeding the critical Mach number of the
fuselage alone (shown plotted in Figure 30). For aircraft
that are not area-ruled, where the isobars are allowed to
unsweep at the wing-fuselage juncture, the method would tend
to overpredict MCR when the value approaches the fuselage MCR.
Vie prediction-versus-test MCR correlation shown in Figure 31
is thus applied for conventional-wing predictions.

5.3 Drag Rise

For Mach numbers less than MCR the drag increases slowly
with increasing Mach number. This drag component is known as
comprestible drag, or drag creep. Methodology for estimating
this Component of drag for conventional or supercritical wings
was included in the subsonic drag buildup in Subsection 3.1.
For Mach numbers greater than MCR, drag rise begins and in.-
creases rapidly with Mach. Figure 32 illustrates the drag
bookkeeping system followed in the Large Aircraft program
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whereby beyond Mach 1.0 the drag rise and the interference plus
form drag are replaced by wave drag. The drag rise is separated
into two components, drag rise due to lifting surfaces and drag
rise due to all orher components on the aircraft. The drag rise
due to lifting surfaces is represented by

CDRL - PL (M-MCR) 2  (5-5)

where

PL - 25 , (t/c + 2 f/c)-(cosAc/ 2 )3

The factor PL is a function of the wing section thickness, tic,
maximum ordinate of the camber, f/c, and the midchord sweep,

Atc/2. The total drag rise, at zei'o lift, due to lifting and
non-lifting components is determined by

CDR= a2(M-MCRo) 2 + a3(M-Mc,-) 3  (5-6)

where d2 and a3 are defined to produce a continuous zero-lift
drag curve between MCpo and Mach 1.0. The drag rise is curve-
fitted to begin at MCR with zero slope and end at Macb 1.0,
matching the value and slope of the wave-drag cucve. The
coefficients a2 and a3 are calculated from

3 (CD - CD ) -(1 - MCR )CD/
W, F&I o Wi

a9 m (I- MCRo)2

(I - MCRO)GDW1 - 2(CDWI - CDF&I)

3 (1-

where CDwI, CDF&i,and CDwI represent the Mach 1.0 value of the
wave drag, form plus interference drag, 4.nd tLe slope of the
wave drag, respectively. The non..lifting contribution to the
drag rise is assumed to begin at MCRo and not vary with lift;
using Equations 5-5 and 5-6, an equation for total drag rise
at any lift condition can be determined from

2 2 3
CrYR - PL(M-MCR) + (82-PL)(M-MCRo) + a3(M-MCRo) (5-7)
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I

The change in MCR with lift causes the subsonic drag polar
to increase after MCR (see Figure 32). For bookkeeping, the
drag rise is separated into a minimum drag contribution and a
contribution due to lift. The increment to the minimam drag is

determined from Equation 5-6, and the increment at lift is
determined by

C DRcL CDR CDR° (5-8)

I

U
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6. LIFT

The untrimmed lift of an aircraft can be represented by
the equation

CL = CL., (0(- aLo)

For moderate to high aspect ratios and moderate sweeps, the
lift equation is linear with @m) so that the lift-curve slope
(CLK) is constant. The total lift-curve slope of the aircraft
is given by

CL" = (CLwB + (CLT + (CLQB (6-I)

which is the sum of the wing (including body carry-over effects),
horizontal tail, and the forward portion of the fuselage.

The following subsections describe the methods by which
CL, andOC1L, are calculated along with the method of calculating
the lift in the nonlinear range up to CLMAx.

6.1 Wing Lift-Curve Slope

The value of (CL.,)WB is predicted by the use of several
rather involved semi-empirical equations. These equations were
developed to predict wing lift-curve slope as a continuous ex-
pression in the subsonic, transonic, and supersonic regions.
The value of (CLO)WB is expressed as

(CL.)W-B (CL.) Basic* Kt Kb SREF (6-2)

where (CLqL)Basic is the wing-alone CL& with no thickness effects.
The factors Kt and Kb account for the effect of airfoil-thickness
plus camber and fuselage interference, respectively. The equation
for (CLg-)Basic was evolved from the Polhamus (Reference 19) equa-
tion for trapezoidal wing

,a 0S(! )AR/5 7.3
CL= (6-3)

a0  ao0 2  21 AR
i•-• ~(L-•)+ (LO)+1- -(McosEtc2 2oA•

c/2 2cosAc/2
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for subsonic flow and the linear- theory level of

4/57.3
CL 4/53 (6-4)

for supersonic flow at the leading edge (14> I/cOSkE).

To extend the Polhamus equation for use with non-trapezo-dal
wing planforms, Spencer (Reference 20) replaces cosAc/2 with the
effective cosine mid-chord sweep determined by Equation 2-13.

When Equation 6-3 results were compared with subsonic
experimental data, it was deduced that better agreement would
be achieved if the predicted peak CL-K were to occur at M 4 1.0
(for moderate and high AR) and if the rate of increase in CL,
with increasing M were larger. Consequently, Equation 6-3 was
altered to

AR/57.3
/Basic r.3 ,/3w

1+V1+Ll-((cosAC/ 2)e (•*) "I2 co,. i2 e

(6-5)

where the sectional lift-curve slope ao equals 2kr, and M* is
the limiting M for the application of Equation 6-5. M* is a
function of AR and Ac/2 and is defined by

r 12
1* " MO* + (i-•M *) l '-(cosAc/2)eJ (6-6)

where

MO* - (10 + 0.91AR3 )/(10 + AR 3

In effect, M* is the Mach number at which the rate of increase
in CL. with M begins to decrease. Note that, at M-0, Equations
6-3 and 6-5 are identical. However, it was also found desirable
(for improved correlation) to limit (cOSc/2)e to the range
0.94 >, co5Ac/2 ' 0. Thus, in applying Equation 6-5, sweep angles
of less than 20 degrees are treated as having a value of cosAc/2 I
0.94.
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For thin wings, experimental levels of CL.(characteristically
reach a peak at speeds somewhat greater than M*. With low sweep
and moderate to high AR, the peak occurs below M-I, while with high
sweep and/or low AR, the peak may be at or above sonic speeds. At
speeds well above sonic, CLa then decreases with increasing M
and, when the leading-edge becomes supersonic (M > co-ALE- ), the
level ap roaches the two-dimensional-theory level of CL, -
4/(57.3 ýM2 -I). To emulate these trends, Equation 6-5, was modi-
fied by a factor term and an adder term, each to be applied only
at M > M*. These new terms are included in the modified equa-
tion:

1/57.3
(CL.)Basic * ; M 14* (6-7)

where CIeo is defined as (CL•)Basic at M1 M* in radians, and

= -M* El + (M*I~M)YJ
1+9AR ( 2 - 2/3 rA 2
3+?rAR

and

Z -+ AR2

3 I (-AR 'AR l)coS.Ac 2/3
CL~xo 'Le.oe

Wings having thick airfoils undergo a degradation in CL
beginning at M > M*. The level of CLd< versus M dips, usually
reaching a minimum at M < 1.0, and then recovers to a second
peak level at M > 1.0. To account for this phenomenon, the basic
CLa equations have been modified by a factor, Kt, as defined by

Kt= 1- L4  - 6 2j "I ; M2 M3 (6-8)

1.0 MI M >, M3

where V' ,7 2, MI, M2, M3 are as defined by the equations
below:
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V9A•(t/c) /(cos.A c• e

where

Atc) - t/c - (tic)xim

1(t/c),rim 312 (6-9)4. 4 AR(coSAc/2)e

The equation for 1 is applicable for

R t/c)
(coscl2) 0.0

e

0f A RA-,,t/c•^ 0. 1

if A0 07, use 0.07
e

If AR A(t/c)/(cos.Aci2) > 0.10, use 0.10
e

M-HI

(M2 -M1)e

M-M2

Mi = 1-2(t/c)(cos 4/2) + (Cd)- (6-10)
4+AR

M2 - M1 + t/c

Note: 0 •• MI <M*

If M1 )7 M*, use '41 M*

M3 - 1.0 + t/c

The derivation of Equation 6-8 is based on the data trends and
analyses of Reference 21 and on other limited data (e.g., Refer-
ences 22 and 23). It should be noted that a CLQ< "bucket" is
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predicted only if the wing streamwise airfoil t/c ez-m Žeds the
limit thickness defined by Equation 6-9, The limit-thickness
boundary was established from the statistical boundaries pre-
sented in Reference 24.

Another factor in the wing CLaprediction equation (Eq. 6-1),

is the fuselage interference factor, defined by

Kb = (I + d/b)(l - d/b)f (6-11)

where

16+3AR2f2

8+5AR2

b wing total span
d = body total width at wing junction

The factor Kb accounts for the change in wing lift due to the
body segment which enshrouds the wing and to the wing-induced
lift on that body segment. Based on semi-empirical derivations
presented in Reference 25, Kb is independent (to the first order)
of 11. It is noted thaLe tUtal lift of a wing/body configura-
tion is derived by adding the body-alone lift to that obtained
for the wing-alone as modified by the factor Kb-

Application of Equations 6-2, 6-5, 6-7, 6-8, and 6-11,
for the prediction of (CL,)WB will yield trends as sketched
in Figure 33. It is noted that the technique is strongly
dependent on the value of (tic) in the transonic speed regime
if (tic) exceeds the limiting value defined in Equation 6-9.

Substantiation of the CT.L prediction technique describprl
above in the form of comparisons with a wide range of experi-
mental data is presented in References I and 26. The
derivation of CLa for Mach numbersgreater than M*, presented in
original Reference 26, relied heavily on transonic-bump test data,
which characteristically produces a trend such as shown in
Figure 33. The new derivation (Equation 6-7) relies on sting-mounted
test data, which produces a less abrupt transition in
(dCL.•/dM) in the transonic region. N

6.2 Supercritical Wing Lift-Curve Slope

The wing lift-curve slope technique described above in
Section 6.1 would underpredict CL,,, when compared against
supercritical wing data. In a study of the factors affecting
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lift, it was concluded that the reason CLwas being under-
predicted is due primarily to the thickness correction
factor, Kt (Equation 6-8), and the incompressible sectional
lift-curve slope, ao (Equation 6-3).

For supercritical wings, the onset of the lift diver-
gence Mach number, MI, is delayed to a higher value as com-
pared to conventional wings. For supercritical wings, the
factors MI, M2 , and S in Equation 6-8 are modified as
follows:

(Ml)Scw = (Mj)CONV + 0.09

(M2 )S CW (M2 )cO1V + 0.045

(M3 - M1)scw

(S)SCW "(Y)CONV' - (3-MI)CONV

This modification delays the thickness correction factor to
a higher Mach number and also decreases the extent by which
Kt is reduced at Mg.

Supercritical wings have a higher sectional lift-curve
slope compared with conventional wings. The program uses

a. 1.174 t/c

for supercritical wings in place of ao/29T= I for conventional

6.3 Tail Lift-Curve Slope

The lift-curve slope of the horizontal tail can be
estimated from the equation

(CLOT (CLOI()TKWc1B)+KB(W)1 (- ST (-13

where (CL1)T is the exposed-area lift-curve estimate for the
tail; KW(B) and KB(W) are the Pitts, Nelson, and Kaattari body-
lift carry-over factors (Reference 27); 9/dco( is the downwash
gradient; qt/q•. is the dynamic pressure ratio; and ST is the
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exposed tail area. The exposed-area lift-curve for the tail is
estimated by use of the exposed planform of the tail and the
method described in Section 6.1.

6.3.1 Downwash at the Tail

An empirical method of estimating the low-speed downwash
gradient behind straight-tapered wings is given in the DATCOM by

lz) 4 .4 1.*19 (6-14)
(5R, = KAKAYKH(coS-Ic/4) •(~4

Tne factors KA, Ki, and KH are wing aspect ratio, wing taper

ratio, and horizontal-tail-location factors, respectively,
determined from

KA = 1/AR - l/(l+AR 1.)

K= 1O-3A

and

Kh=(.-ht/b)
KH=(2jt'/b) I13

where AR and 9ýare the wing aspect and taper ratios, respectively,
ht is the height of the tail relative to the wing chord plane and

(t' is the distance between the exposed MAC of the wing and the
exposed MAC of the tail. At higher speeds the effect of compres-
sibility on downwash is approximated by

6 = ( ) (CLg)M (6 -15)

where (CL)o and (CLx)M are the wing lift-curve slopes at low
speed (14=0.) and at the appropriate Mach number, respectively.
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6.3.2 Dynamic Pressure at the Tail

The method for estLwating the dynamic-pressure qt/q., at
Oie tail is based on the DATCOM method which relates the
d.'namic-pressure ratio to the drag coefficient of the wing.
The steps involved in determining the dynamic pressure at some
distance aft of the wing root chord, outlined in Section 4.4.1
of the DATCOM report, are as foilowp

1. Calculate the half-width of' the wing wake by

Zw ( 6.8 C
0.68 CD 0'+ 0.15) (6-16)

where x is the longitudil:: l distance measured
from the wing-root-chord trailing edge, Z. is
the half-width of the wake at any position x,
and CDo is the wing zero-lift drag coefficient.

2. Calculate the downwash la the plane of symmetry
at the vortex sheet by

4E = A-R (CL'- (6-17)

3. Determine the vertical distance Z from the
vortex sheet to the quarter-chord point of
the MAC of the horizontal tail by

Z = x tan (Y+ E - 2) (6-18)

where Y = tan- 1 (ht/At).

4. Determine the dynamic-pressure-loss ratio at
the wake center by

(A q 2.42(CD°)1/2 . (6-19)

5. Determine the dynamic-pressure-loss ratio for
points not on the wake centerline by
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In

s () C(6-20)

q.0 2f Z

6. Determine the dynamic pressure ratio at an
arbitrary distance x aft of the wing-root-
chord trailing edge by

q 1 -t (6-21)
q. q.0

6.4 Body Lift-Curve Slope

As shown in Reference 28, the linearized lift-curve slope
for a body can be expressed as

1/3
) k -F--- (6-22)

where L is the body length, LN is the forebody length, F is the
body cross-sectional area, and kI is a linear-potential lift-
curve-slope parameter. The factor kI (a function of body width
b, body height, h, and the pevimeter of an elliptical body with
equal area, p) is determined from the curve given in Figure 34,
Wxncu is taitii .LU.. Refe-ent e 20'.

6.5 Angle of Attack at Zero Lift

The angle of attack at zero lift, 0 Lo, is determined from

CILo = (CILO)cAMBER + (aLO)TWIST + (cLO)INCIDENCE (6-23)

The effect of camber, CLd onaoLo is calculated from

0 a Lo
(a'Lo) CAMER (jd ) CLd (6-24)

where (OOLo/OCj/) is shown plotted in Figure 35, which is obtained
from two-dimens lonal data.

The increment in aLo due to wing twist, r, is calculated
from

(LO)WlST -- - (aa--)r (6-25)
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whereLN/at = 0.093 - O.0OC571-A.+ 0.5761,A - 0.2645,f and
[ Ap- tan- ( taUIc/4/,6) (deg) The equation for (3c<Lo/,3CI) was

obtained from a curve fit of the parametric data reported by
Gilman and Burdges (Reference 29) for wings with linear-element

twinst.

The angle of attack in the program is measured relative
to the wing root-chord reference plane. For variable-sweep
configurations the angle of attack for any sweep position is
measured from the wing chord plane in the forward sweep posi-
tion. The increment in OeLo due to wing and horizontal tail
incidence is calculated from

(CLB) (iw) + (CL,) (iw-it)
(oL)BODY TAIL

INCIDENCE 
CT,

+ (iw-d wREF) (6-26)

where

(CL,,)Rnnv = (C14OS o + (• KB(W) (C1,.0

When M > 1, the contribution of camber aicd twist to aLo
is set equal to zero and only the incidence effect is continued
supersonically.

6.6 Nonlinear Lift of High-Aspect-Ratio Wings

The lift characteristics
of a high-aspect-ratio wing
is illustrated in the sketch. CL
A high aspect ratio is defined CLMAX
as ARŽARLOW, where ARLOW is
defined in Section 6.9 (Equa- _A&MAX
tion 6-37). The lift varies CL-
linearly with angle of attack
up to CLs, after which the
lift variation becomes non-linear.

MAX
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The angle of attack for a specified lift coefficient is
calculated from

W CL + AOi (6-27)
CLd, +&Lo

where

(0; CL Z CLS or M > 1.0

Ac = (CLmaxCLs) A AO•max; CLS - CL !:' CLmax (6-28)

2
(CL._CL) 2 " e,,,+ 50; CL > C%,m

Lmax-max
and CLs = CL,,(0&- Oei.o - 2i-W•max)

The prediction of CLmax arid 40<max for high-aspect-ratio wings
is discussed in Section 6.9.

6.7 Nonlinear Lift of Low-Aspect-Ratio Wings

The subsonic charac-
teristic of a low-aspect- CL
rato winp is illustrated L.E.
in the sketch. The total - VORTEX
lift is equal to the po- j LV
tentiall lift plus the vor- I TIP
tex-induced lift from the I VORTEX

leading edge and tin of POTENTIAL
the wing. The equation

MAX
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for lift can be expressed as

CL CLp + CLV + CLTV (6-29)

The method of predicting each of these terms is discussed in
the following subsections.

6.7.1 Potential-Flow Lift

The potential-flow lift L determined from
CLp = Kp sin bicos o(+ CLo (6-30)

where Kp is th; lift-curve slope given by small-disturbance
potential-flow lifting-surface theory, and the trigonometric
terms account for the leading-edge separation effects (Refer-
ence 30). The value of Kp is the lift-curve slope (CLO), con-
verted to radian% obtained from Equation 6-1. The factor CLo
is the lift at zero angle of attack predicted by

CLo -CL. OCLo

6.7.2 Leading-Edge Vortex Lift

The leading-edge vortex lift is determined from

2
CLV = (-R) •FV KV sin2OcosO (6-31)

In this equation, developed in Reyerence 31, the sharp-leading-
edge suction analogy of Polhamus is modifie. to account for
round-leading-edge and vortex-breakdown effects.

In Figure 36 (taken from Reference 36) the theoretical
variation of the vortex lift factor KV with aspect ratio and
cutout factor is shown. The factor FVB (shown in Figure 37)
is a vortex-breakdown factor, which was obtained from the
ratio of experimental data to theoretical for sharp-leading-
edge delta wings. The factor R in Equation 6-31 is a lead-
ing-edge suction parameter (Reference 33). For a sharp
leading edge, the suction parameter is near zero; for a
rounded leading edge, the suction parameter is near unity
at low alphas. The variation of R versus o/_ is shown in
Figure 38 as a function of thickness ratio.
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Ref. 32, Fig. 3
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6.7.3 Tip-Vortex Lift

For wings having a tip chord greater than zero, a tip ,ortex
forms that induces an additional lift contribution on the w-ng.
At low angles of attack the flow around the wing leading edge and
tip is attached, and a vortex sheet is formed at the trailing edge
(Figure 39a). At: slightly higher angles of attack (Figure 39b),
the flow possibly will make the turn around the leading edge of
the wing without separating, but the flow around the tip separates.
In this stage, the flow forms a vortex sheet consisting of a hori-
zontal part originating from the trailing edge and two vertical
sheets attached to it originating from the two sides of the wing.
Kuchemann (Reference 34) noted that a spanwise cross-section
through the vortex sheet has the same shape as that obtained
behind a wing with end plates. The height of the "end-plate
vortex" or tip vortex is approximated by

SCT 1 (6-32)
/b 2 Z AR

where CT is the tip chord. With the height of the tip vortex
known, the incremental tip-vortex lift can be expressed as

C Z-I¶ :-Z I K1 sin a (6-33)

-L-v V xZ+ IiZ-(xT)2

where

Z = 2 cosAc/ 2 /AR

x = 1.0014-1.969(h/b)+3.0021(h/b) 22.0072(h/b) 3  (6-34)

Equation 6-33 was derived (Reference 34) by modifying t[ic Helmbold
lift Pquation, where the effect of the end-plates are expressed
as a factor 1/x to the aspect ratio. Equation 6-34 is a curve
fit of the end-plate effect shown in Figure III.A.4-1 of Refer-
ence 4.

It can be seen from Equation 6-32 that the end-plate effect
becomes smaller with increasing aspect ratio. This explains
why the end-plate effect of the tip vortex has rarely been
noticed for wings of moderate and large aspect ratios,
although it always existed. The tip-vortex method is shown
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in Reference 34 to give gcod agreement with experimental, data
for unswept rectangular wings ranging in aspect ratio from 0.5
to 2.0. It is stated in Reference 34 that the end-plate
analogy can be used for straight or swept wings.

The nonlinear lift calculated by Equation 6-29 is l.mt ed
by the maximum lift coefficient, CLtpax, of the wing. The value
of CLmax and the angle at which maximum lift occurs,o(max, are
predicted by the low-aspect-ratio method given in Section 6.9.
The leading-edge vortex is then limited by the condition

CLV <CLMAX - (CLp) - (CLTV)M (6-35)

where (CLp)MAx and (CLTv)MAX are the values calculated for the
potential lift and the tip-vortex lift at the maximum-lift angle
of attack. If (CLV)MAX '5 (C)MAX, it is assumed that the
leading-edge and tip vortices are too weak to add much lift to
the wing, and the high-aspect-ratio method discussed in Section
6,6 is then used to predict the lift up to stall.

Results of applying the nonlinear lift predictionr procedure
are shown Wn Figures 40 through 43. The data were taken from
Reference 35, which reports on a test of a series of clipped
delta wings. The program results are shown as the solid lines
for the complete lift and as dashed lines for the initial value
of the lift-curve slope, CL.,. The results, in general, are
good and indicate a substantial amount of the lift is due to the
vortices.

6.8 Nonlinear Lift of Cranked Wings

The method available in the Large Aircraft program for
predicting the subsonic lift variation of cranked wings is
based on the technique presented in Reference 9. This method
assumes that as the outboard panel of a cranked wing experiences
stall, the inboard panel still continuEs to lift. This
behavior is believed to be caused by the influence of the
leading-edge vortex of the inboard panel. Consequently, the
flow field is similar to that of a low-aspect-ratio delta
wing with leading-edge separation.

The method employs the results of a data correlation
accomplished to provide a technique for determining the
nonlinear lift of double-delta wings. It is hypothesized
that the nonlinear lift of a cranked wing should be similar
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to that of a double-delta wing. The nonlinear-lift curve
construction technique for cranked wings is shown in Figure
44.

CL

CIDB ACL

S- Nonlinear Lift Based on
tDel~a Wing Correlation

A CL

OeStall

Figure 44 Construction of Nonlinear Lift Curve for
Cranked Wings

Except for some slight refairing of the data correlation
curves to account for aspect ratios of less than 1.0, the method
employed in the program is essentially the same as that presented
in Reference 9. The nonlinear angle of attack for a given CL is
calculated from

[CL Ai (6-36)

S=C L . ( 
(

where

CL x is the linear lift-curve slope (including
outboard panel)

Ai is the aspect ratio of -he inboard panel,
defined as shown in Figure 45.
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Figure 45 Definition of Cranked-Wing Planform
for Calculation of Angle of Attack
in Nonlinear Lift Range
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Figure 46 Parameters Used in Calculation of Angle of
Attack in Nonline~~r Lift Range
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'1B is the nondimensional spanwise ordinate
for the break point in the cranked wing

a,n are correlation constants (shown in
Figure 461 derived by modifying the
Reference 9 method.

In the program it is assumed that a stall is the angle of
attack corresponding to CLDB, as shown in Figure 13 of Section 4.
The accuracy of the nonlinear angle-of-attack prediction tech-
nique is, of course, strongly dependent on knowing O(stall.

6.9 Maximum-Lift Coefficient

The method used in the Large Aircraft program to estimate
the maximum lift and angle of attack for maximum lift is based
on the DATCOM method for both the low- and high-aspect-ratio
wings (Reference 2). The maximum lift of high-aspect-ratio
wings at subsonic speeds is directly related to the maximum
lift of the wing airfoil sections. The wing planform shape is
a secondary influence on the maximum lift obtainable. However,
for low-aspect-ratio wings, the wing planform is the primary
effect on maximum liftwhile sectional characteristics are
secoauldary. The program uses the criteria established in the
DATCOM method by the equation

3
ARLo= (6-37)

(C1+l)cos/,iJ
where C1 is a function of taper ratio, as given in Figure 54.
If AR >ARLOW, the high-aspect-ratio method is used, and
if AR • ARLOW, the low-aspect-ratio method is used. These two
methods are described in the following subsections.

6.9.1 High-Aspect-Ratio Method

The DATCOM method is an empirically derived method based
on experimental correlations of high-aspect-ratio, untwisted,
and constant-section wings. The equations for maximum lift
and the angle of maximum lift are as follows:

CLMAX CLMAX )CMAX +ACLMAX (6-38)
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CLMAX
0 CMAX " + O(Lo +'AOeMAX (6-39)

The first term in Equation 6-38 is the maximum lift coefficient
at M-0.2; the second term is the lift increment to be added for
Mach numbers greater than 0.2.

The factor (CLMAX/CIMAX) is computed by a curve fit of the
curves in Figure 4 .1. 3 . 4 -14a in the DATCOM given by

C LMAX
CLMAx = A - B &ky' (6-40)

where

0; Ay < 1.4

Sy ' =y-1 .4; 1 .4 .<• & y < 2 .5

y Ž 2.5

and the terms A and B are plotted in Figure 47 as a function
U4 Uweep. (kTheLn y is defined by Equation 2-16.)

The increment to CLMAX due to Mach number is computed froma curve fit of the curves of Figure 4.1.3.4-15 in the DATCODf
given by

ALE.
CLMAX = C + (D-C)(L--0) (6-41)

where the terms C and D are plotted in Figure 48 as a function
of Ay and Mach number.

The section maximum lift coefficient at M-=0.2, CyMAX is
computed from

=tMAX (Cf MAX) Base + Cd %AX(6-42)

where (CJ2MX)Base and 4 CIMAX are shown plotted in Figures
49 and 50 as a function of the sharpness factor, maximum-thick-
ness location, and camber.
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The angle-of-attack increment for maximum lift, O(MAX,
is obtained from Figure 51, which is taken from Section 4.1.3.4
in the DATCOM.

6.9.2 Low-Aspect-Ratio Method

The empirical equations in DATCOM for estimating subsonic
maximum lift and angle of attack for untwisted low-aspect-ratio
wings are

CLMAX = (CLMAX)Base + .ACLMAX (6-43)

0(MAX = (PMAX) Base +,AaMAX (6-44)

The base value of CLMAX is obtained from Figure 52 if the
position of maximum airfoil thickness, XT, is forward of the
35-percent chord point, and from Figure 53 if XT is aft of
the 35-percent chord. The values of ACLMAX, Cl, and C2 are
obtained from Figure 54, the base 0 MAX from Figure 55, and
the value of A:o(MAX from Figure 56. (Figures 52 through 56
are taken from Section 4.1.3.4 of the DATCOM.)

6.9.3 Tail-Lift Contribution to CLMAX

Because the horizontal tail usually has a smaller aspect
ratio compared to the wing and is in a downwash field that
counteracts the effect of angle of attack to some extent, it
is assumed that the tail does not stall before the wing. The
lift generated by the tail at the angle of attack of wing stall
is added to the wing maximum lift coefficient to obtain the
configuration maximum lift coefficient. The configuration
maximum lift is given by

CLMAX = (CLMAX) + (4 CLMAx) (6-45)

Wing Ta il

where

(ACLM) = (CLK) • 57.3 sino~max(coscxmax) 2
Tail 

T

The term (CLQ,)T is the lift-curve slope of the horizontal tail
as determined in Section 6.3.
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7. MWMENT

The moment of a wing-body-tail configuration can be repre-
sented by the equation

Cm - C% + (n- Xac CRe A-

Mo CR- - CLWB - CLTAIL XHT/C (7-i)

where n is the chordwise distance to the moment reference point
measured in exposed wing root chord (CRe), Xac/CRe is the
aerodynamic center location relative to CRe, and the last term
represents the moment contribution of the tail lift times th;
moment armAHT, determirned from Equation (2-9).

The following subsections discuss the method used to predict
the elements in Equation 7-1 along with a method of determining
trimmed lift curves and drag polars.

7.1 Zero-Lift Moment
ql U_' _-• . _ ___ a .. . .

ý... ,mLetU U. Pu.LedLeLing the zero-lift pitching moment tor
a wing-body configuration considers only the effect of the wing
on Cm. and does not include the effect of an assymmetrical
fulse1=;ge or the effect of stores and nacelles located near the
wiý,g. However, the Cmo prediction method in the Large Aircraft
program can be adjusted by input so as to match the test data
Cmo on a similar configuration.

The subsonic zero-lift pitching moment for wings with
linear twist , up to the critical Mach number, is given in the
W 4J. t 1 ancb J (c ,)Ct.U IW)• + 5.9(t/c)M5

MO = nc)'t'=O + (t -k _554_ (7-2)

where (Cmo•-0 is the Cmo of an untwisted wing and (ACmo/r) is
the change in wing zero-lift pitching moment due to a unit
change In wing twist, 1• The parameter (ACm/r-) was obtained
from lifting-line theory and is shown in Figure 57.

The Cm% of an untwisted wing is obtained from

AR+2cos3c/ 4 ( )SECT 
(7-3)
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I
where (C-mo)STCT is the average section pitching moment coef-
ficient deteriuned by averaging the section Cmo for each wing
panel, using

VA

i E-l\ •/ iSi

(C'mo)SECT = N

i=1

where (Cm/Cld) is the theoretical pitching moment divided by
the section design lift of the airfoil camber line obtained
from Table 4.1.1-D in the DATCOM.

7.2 Aerodynamic Center

The aerodynamic center location of a wing-body configu-
ration is given in the DATCOM as

(Xa) (CXac )W(B)~ (Cl,)W(B)+ -d B(W (C (W)

CRe (CT .)__+(CT .)W...+(rT )-" """ • " "• " oLU'-""B(W)

(7-4)

where the Xac/CRe terms are the chordwise distances measured
in exposed wing-root chords from the apex of the exposed
wing to the aerodynamic center, positive aft. The sub-
scripts N, W(B), and B(W) refer to the lift and aerodynamic
center contribution of the forebody, exposed wing, and the
wing-lift carryover on the body, respectively.

7.2.1 Aerodynamic Center of Forebody

The subsonic location of the aerodynamic center for
forebodies with ogive nosecones is approximated in the
DATCOM as

(x ac) = 0.54) LN+I. 6 (XLE-LN) (75)

ýCR e/N CRe

Figure58 defines the geometric parameters, LN, XLF, and CRe.

The supersonic forebody aerodynamic center is obtained from
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(X 8a \ - XLE / XCP (7-6)
kCRe/ k /

where the term XCP/)B is obtained from Figure59 (Figure 4.2.2.1-
23a in DATCOM).

7.2.2 Aerodynamic Center of Wing (Trapezoidal, Single Panel)

The aerodynamic center of the exposed wing is determined
from the DATCOM charts presented in Figures60a through 60f.
These charts are valid for subsonic Mach numbers less than Mach
critical and supersonic Mach numbers greater than 1.2. For
transonic conditions, the data presented in the DATCOM in terms
of transonic similarity parameters (Figures61a through61d) are
used to determine the a-.rodynamic center position.

The procedure for obtaining aerodynamic center can be
summarized as:

For M, MCR; (Xac teXac) (7-7)

For MCR+.05 ; M 7 MCR,

(ac (Xac + f(ac (X' M<I R(78
(~) CRe CRe - (CRjj .05

For Vl+(tlc)2/3 M N >MCR + .05,

(Xac)(Xac)(-9

For 1. MC •Z(tcei

For 1.2 M 14N/)

CR CRe CRe (- N 2 1ý+(t)2 . (7-10)
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Ref. 2, FIGUpE 4.1.4.2-22
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Ref. 2, FIGURE4.1.4,2-25
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For M •1.2,

, •. ~CRe/ IkCReI(-i

where (Xac/CRe)' is read from Figure60 and (Xac/CRe)" is read
from Figure 61.

7.2.3 Aerodynamic Center of Wing (Cranked or
Double Delta)

The prediction of the a.c. location of cranked or double-
delta wings is taken from the method developed at Convair Aero-
space as reported in Reference 10. The non-straight-tapered
wing is divided into two panels, with each panel having conven-
tional, straight-tapered geometry. The individual lift-curve
slope and a.c. are estimated for each panel, using the technique
described above for the trapezoidal wing and treating each con-
structed panel as an isolated wing. The individual lift and
a.c. location for each constructed panel are then combined, using
an inboard-outboard weighted-area relationship

Xa Xac)(CS +Xc(~~~Xac (CRe/iCq i)i

CRe (CL.)iSi + (CLo)oSo (7-12)

where the outboard wing a.c. is referenced to the inboard root
chord length given by

fXT.\ C~o .AY (tanALE) + (taLE)i
0o CRe CRe CR

The geometry for the inboard-outboard panel arrangement is
illustrated in Figure 62.
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7.2.4 Aerodynamic Center of Wing-Lift
Carryover on Body

The location of the a.c. due to the wing-lift carryover on the
body is determined by use of the DATCOM method. For j8ARe > 4 the
subsonic a.c. location is obtained from

(CRe + L tnc/4 ' f(d/b) (7-13)

elB(W) 2e

where ARe is the exposed-wing aspect ratio and the factor f(d/b) is
shown plotted in Figure 63. For flARe < 4 the a.c. location is
determined from

xac) Xac) PA(XaN +_____c) - CRo 4 (cR (7-14)

B(W) E(CeJ R

where (Xac/CRe)' is the a.c. location determined from Equation 7-13
and (XaciCRe)" is the theoretical location for 8ARe=O determined
from tl.e equation

( =c) i ARe(l+Xe) tanALE (7-15)

where Xe is the exposed-wiLg taper ratio. Equation 7-15 is limited
to values less than or equal to 0.5. For supersonic conditions the
a.c. location is estimated from Figure 64. For transonic conditions
the a.c. location is determined by linear interpolation of the a.c.
values determined at the critical Mach number and Mach i.I.

For complex wine planforms the equivalent wing-sweep values are
used in the subsonic and supersonic a.c. location methods.

7.3 Effect of Trim Deflection

The effect of trim deflection can be estimated by predicting the
incremental change in lift, drag, and moment due to tail deflection
along constant angles of attack. Tle total wing-body-tail lift,
drag, and moment can be represented by

CL = CLwB + CL t(a- tot + CL, 6 HT (7-16)
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Ref. 2, FIGURE 432.1-35
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Ref. 2, FIGURE 4.3.2.1- 37
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CD - CDMIN + (CDL) + (CDL) (7-17)

TOTAL il

Cm - Cmo + (dC-) _ CLa t(Cf aot) + CL a HT IHT/E (7-18)

where the induced drag of the tail is predicted by use of a tail-
induced drag factor Kt times the square of the lift generated by
the tail, i.e.

(CL) =Kt CIJat(a-clot) + CLa HT (7-19)
HT

From Equations 7-16 and 7-17, the incremental change in lift and
drag at constant ce due to a trim deflection can be determined by

ACL CL6 "HT (7-20)

ACD Kt [CL t(C-G t)CL," tH)J 2 
- Kt CL (a- ot)] 2  (7-21)

Equation 7-21 can be reduced to

ACD--aHT 2 + b HT(G -dot) (7-22)

where a = KtCL6 2

b = 2 KtCL. t CL6

The factor CL, for an all-movable horizontal tail is predicted
from

CL, (CL',)t KW(B) qt/q. (7-23)

where (CL') is the exposed-area lift-curve estimate for the tail, and
KW is the surface lift in the presence of the body factor. The
induced drag factor for the tail is determined by the leading-edge
suction method described in Section 4, where

1-Rt Rt SREF
Kt 3K()(~ + R EF(7-24)Kt 5 wARHT (SEX)HT
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The Large Aircraft program can predict the lift, moment,
and drag for a fixed tail setting or the program can solve for•~HT to trim out the moment. The tail deflection required for
trim is obtained by setting Equation 7-18 equal to zero and
solving for 811T*

I
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8. HIGH-LIFT SYSTEM AERODYNAMICS

The empirical methods for predicting lift, drag, and
moment of an airplane with flap and slats deployed consist
of adding the incremental effects of the high-lift system
to the clean airplane aerodynamics. Figure 65 illustrates
the manner in which the incremental effects of a flap can
be applied to the clean-wing aerodynamics. The following

techniques for estimating these increments were derived
from DATCOM and References 36 and 37.

8.1 Lift of High-Lift Devices

The untrimmed equation for lift can be expressed as

CL = CLo + CL(,-(O<-b) (8-1)

The term iol varies with c/ according to

S0; 0C "(Omax - 2O(max

/ m\0 ` 2 (8-2)

(• 2ZO~ma • ;O> (o• max- 2 0daW )

(k. 2AOYmax )11. a
where

CLmax-CLo

(>/max CL 0 +AOýmax

The clean-wingAckmax determined in Section 6.9.1 is also used
for the case with flaps. The increment in CLo and CLmax caused

k, 4--,;1 ,.• r,1,, _ __1 - -l~ ..- "r.. -1o, -• -. -- - -,W"A

6CLo ACo (CL') KcKb (8-3)

ACLax = AC/m (- KcKb cos.Ac/ 2  (8-4)

where Kc and Kb are shown plotted in Figures 66 and 67. The

factor CL.,/Ce.L , determined from the Polhamus lift equation

CL .' AR

2+ 4+S=~~ (csc/ (8-5)

\Plan/ cosJ,/2
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converts the sectional values ACyo and 'Cjmax to the three-

dimensional case. The sectional values are either obtained

from input to the program or generated internally for certain
types of high-lift system. The method of generating the section
values is discussed in Section 8.4.

The increment in lift at zero angle of attack is approxi-
mately zero when a slat is deflected. Thle slat acts to delay
separation from the wing leading edge and thus allows higher
angles of attack and, consequently, higher values of maximum
lift before the wing stalls. An estimate of the increase in
maximum lift of a slat is represented by

)LiCl~nax =A• 2max(•-•-) KS - cosq .LE 
' -6)

where the partial span effect, KS, is shown plotted in Figure 68

8.2 Drag of High-Lift Devices

The iintrimmed eauation for drag can be expressed by

CD = CDmin + K(CL- ACL)2 (8-)

Total

The drag-due-to-lift factor, K, with high-lift devices can be
estimated by

SRef
K -- KClean <Z-1

where Kclean is the clean-airplane polar factor and Splan is
the new planform area of the wing if the flap extends the
chord if the wing. The drag due to lift factor remains
unchanged until ' '> C'max - 2- A Cmax, after which K
approaches the zero-suction value given by CDL = CL tanO'max-

Total minimum drag for the high-lift configuration is
expressed as

CDmin CDmin + CDL.G.+ CDFlaps+ CDslats+CDI (8-8)

Total Clean

where increments are summed for the landing gear and the profile
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drag caused by the flaps and slats. The increment in profile
drag of the flaps and slats can be estimated from sectional
drag data, using

cDFap ACdf cosHL• Kd (8-9)

/ACDSlat =ACds cOsJ LE Kd (8-10)

where Kd is a partial-span factor, shown plotted in Figure 69.
The method for generating section values if given in Section 8.4.

Deflection of a flap produces an increase in lift at
zero angle of attack which in turn produces an induced drag
given by

2
(AC")2

CDI - KaKf VAR (8-11)

where K. and Kf, shown plotted in Figure "70, are factors which
account for the non-elliptical span loading of partial-span
flaps.

The deflection ofa_ fla-p incrcaaes thne cambI-er of tChe
airfoil. In Referezice37, thin-airfoil camber theory is used
to relate the displacement of a polar with flaps to the lift
increment of the flap at zero angle of attack by the equation

ACL = (ACL)clean + (LCL)Due to

Wing Flap

where W )(CLo)
(ACL)• 0 = ti-,ARK Flap (8-12)

Flap 1+1.16 l6~)(.5-Cf/C)

8.3 Moment of High-Lift Devices

The pitching moment increment caused by a flap on a swept
wing iA represented by

CM Cm Km+TR tanA.A+s (8-13)
Ra=o t2 - 0

where ACm• and AC/ are the sectional change in moment and
03 

,0
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lift at zero alpha due to flap deflection. The partial-span
factors Km and KSW are shown plotted in Figures 71 and 72, and
the method for generating sectiotal data is given in Section 8.4.

8.4 Aerodynamic Characteristics of Two-Dimensional
High-Lift Devices

The lift effectiveness of plain trailing-edge flaps can
be estimated from thin-airfoil theory. The rate of change of
lift with flap deflection at a constant angle of attack is
given by

C4  -2 + sin GfJ (8-14)

where
cos Of 1 I - 2(Cf/C')

and C' is the extended chord.

This equation is plotted in Figure73 as a function of flap-
chord ratio. The theory considers only a bent flat plate and
does not include effects of thickness or large deflection
angles. The effects are accounted for in References 38
and 39 by empirical flap efficiency factors. as shown in
Figures 74 through 77. The lift of a plain flap may now be
expressed as

•CIo '=?p CI f (8-15)

where

'p is the plain-flap efficiency factor from Figure 74,
depending on the flap deflection angle, Sf,
plus the included angle of the flap trailing
edge, OTE"

Cy is the rate of change of lift with flap deflection
at constant angle of attack from Equation 8-14.

jf is the flap deflection angle in radians.

This procedure is extended to slotted flaps with Fowler motion
by evaluating Cj at a flap-chord ratio based on the extended
chord. For double- or triple-slotted Fowler flap segments the
lift increment is obtained by summing the incremental lift
increments for each flap segment. The result is
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= = ITsI1  ci b (8-16)

where

i is a subscript that indicates the Ist, 2nd, 3rd flap
segment of the slotted flap

I is the number of slots or segments in the flap system

is the slotted-flap efficiency factor from Figures
75, 76, or 77 for the ith flap segment

Cesi is the lift effectiveness for the ith flap segment

f is the flap deflection of the ith flap segment.

The method of summation and the geometry definition required to
evaluate Equation S-16 is shown in Figure 78.

The effects of leading-edge high-lift devices on the wing
lift at zero angle of attack is estimated from thin-airfoil

(CS) = 2(sin OLE - OLE) (8-17)

LE

where

cos OLE = 1 - 2(CLE/C')

l .....n c tratng-edge flaps, the deflection of a nose flap causes
a loss in lift at zero angle of attack. The increment in lift,

A CI is

S Cc° = (C LE) ' LE (8-18)

where 6 LE is the leading-edge flap deflection angle in radians,

positive nose down.

The two-dimensional maximum lift increment,4 C/max, due to a
trailing-edge plain-flap deflection is given in Reference 38 as

KS'mx-- (8-19)
'AC/max =KT K8  ACI 0 A (819
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and, similarly, for single, double- or triple-slotted flaps the

S~equation is

Kc KT Ž (ACi10 )( ACI 0 ) (8-20'

where
(A• C is the predicted lift increment determ-ined

i for the ith flap segment from Equation 8-18

KT and K6 are empirical factors developed from experi-
mental data shown plotted in Figures 79 and 80

AC/a is the theoretical relationship between *1
LAC 4--o A.RGmax and 4CJa,,0 given in Reference 39 as

Cmax Jf + nIsin4(X+of)/sin2(X-ofl ) -

( c 2 -a.") .-- f + sin~f Of tan X/2L -j

where cosX 2(Xs/c')-l and cosOf = l-2(Cf/c'). This equation
relates the theoretical maximum-lift increment to the chord of
the flap and the position of separation, Xs/c', on the airfoil.
The choice of the separation point Xs/c' to determine the maximum-
lift ratio from Equation 8-21 depends on the leading-edge
configuration. For clean leading-edge airfoils, the point of
flow separation is assumed at the leading edge, Xs/C' = 0.
For airfoils with leading-edge high-lift devices, the point
of flow separation is assumed to be at the knee of the leading-
edge device, Xs/c' = CLE/c'.

The two-dimensional increment in maximum-lift coefficient
of leading-edge devices is predicted in Reference 38 as follows

ZCmax) LE = C max 5 " LE (8-22)

where, according to thin-airfoil theory,

C LE)A -- 2 sin OLE
Cý6LEW

and cosQLE (I- 2 CLE/c'W The (CISLE)max is presented in Figure 81.
The factors "? a •nd " are empirical factors, introduced

in Reference 38, to correlate A CVimax)LE with available test
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dala on airfoils with trailing-edge flaps (Figures 82 and 83).
The rmximum-1ift efficiency factor, 7max, depends on the type of
leading-edge device and on the ratio of leading-edge radius to
maximum airfoil thickness; ?JS is an efficiency factor that accounts
for large leading-edge-flap deflections.

In the case of the two-dimensional moment increment, the
methodology for predicting the pitching moment is developed parallel
to the methods used for estimating the lift increment, which extend
thin-airfoil theory to cover multiple-slotted flaps with extendable
chords. The trailing-edge-flap pitching-moment increment at zero
angle of attack is given in Reference 38 as

Z'Cm'=° 0" C° CI (8-23)

where

is the predicted lift increment for either
trailing-edge or leading-edge devices

is the theoretical center-of-pressure location
from thin-airfoil theory (Figure 84)

K11 is an empirical factor developed from experi-
m'!nta], data (Figure 85)

In the case of the profile drag increment, flap drag incre-
ments at XL =0 for plain and single-slotted flaps are obtained from
Figures 86 and 87. These figures were obtained from Section 6.1.7
in the RATCOM. For double- and triple-slotted flaps, Figure 88 is
used to obtain the C0=0 drag increment.

8.5 Ground Effect

During takeoff and landing when the clean airplane is close
to the ground, the ground proximity produces an increase in the
lift-curve slope, a decrease in drag, and reduction of nose-up
pitching mcment. However, some high-lift configurations may show
a loss in lift-curve slope due to ground effect.
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A theoretical approach for estimating ground effects would
employ an image-vortex system to represent the ground plane.
The DATCOM uses a semi-empirical method to estimate the increase
in induced upwash at the wing due to the reflected trailing
vortices and the change in lift at the wing due to the reflected
flap ground effects. The change in wing-body lift moment and
drag due to ground effect at a constant angle of attack is given
by

A CL= (ACL)wB + (ACL)IIT (8-24)

ACxQ 7 " - ) (ACL) (CL)HTHT/ (8-25)

UC CL2  dCL2  rTCL (
ACD ( ~R CD~Wig (R)-26)

Alone

where C0, r and T are ground-effect parameters, shown plotted in
Figures B9, 90, and 91. The term C is the minimum
drag contribution of the wing plus the ar g due to lift of the
Wing i free air*. The i.•crtueeit in lift on the wing due to
ground effect is calculated from

0L)wB 9."12+14.2/(I+A),3 CLwB(CL)w.) WB 'GOAR LW WB

+ L CLWB 5( ) 42 (4CL)Flap (8-27

where CuBiSthe wi-ng-aloue 'Lift at angle of attack, and U-,
(zL/Lo), and A (ACL)Flap are shown plotted in Figures 92, 93,
and We. The increment: in lift on the horizontal tail due to
ground effect is calculated from

(ACL)HT = (AC) CLt / (1- bE (8-28)

where &6 is the change in downwash at the tail given by

eff (H11 - H)2

beff + (HH + H)2

where • is the dcwnwash at the tail in free air, H is the height
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of the V/4 of the wing above the ground, HH is the height of the
"5/4 of the horizontal tail above the ground, and beff is thle
effective wing span, defined as

CLwo + (ACLO)Flap (8-30)
beff (-0

SCLwo 1 (4CLo) Flap

bIw bf,

where CLwo is the wing lift in free air without flaps,

!Lo)Flap is the change in. lift due to the flap, and

ibI. ,' ''b'l

bw =cb b 'b

The ratio (bw/b) is given in Figure 95 as a Linction of taper ratio,
and (bj/b') is given in Figure 96, as a function of flap span.

The in'rements in lift, momenLoand drag du1e to ground effect

are calculated at each angle of attack. These effects are then
added to the free-air calculations; so that a trimmed condition in
ground effect can be calcolated.
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9. DATA COMPARISONS

This section presents comparisor.s between predictions using
the Large Aircraft program and test data from various sources.

9.1 Sy stematic Wing Study

Comparison of the predicted lift curves and drag polars
with the systematic series of wing reported in Reference 12
are presented in Figures 97 and 98. Reference 12 reported on
the tests of 11 wing-body models covering systematic variations
of sweep, thickness-to-chord ratio, position of maximum thick-
ness, camber, and aspect ratio. The study was conducted over
aMach range from 0.23 to 0.94. The predictions were made using
the geometry presented in Reference 12. The wetted areas of
the wing and body were computed internally by the Large Air-
craft program and the friction drag solution was for fully tur-
bulent flow.

The predicted drag polar shapes up to lift coefficients
slightlv greater than the senaration lift- coeffinient rnmps
close to matching the experimental data in most cases. The
predicted minimum drag is quite ciose to experijmental levels
for most cases except for some test data below 0.3 Mach number.
Transition grit was fixed on the leading-edge of the model but
its possible that at the low Reynolds and Mach numbers the flow
wasn't fully tripped causing the test minimum drags to be Low.
The predicted polars in the transonic region tended to have too
much drag at the higher lift coefficients probably because the
drag rise contribution was increasing too fast.

The predicted lift versus alpha curves are in good agree-
ment with experimental data at the low lift coefficients. How-
ever, the agreement is poor in the high lift regions, when the
predicted maximum lift coefficients don't agree with test data.
At the low speed, low Reynolds number condition CLMAX was under-
predicted especially for the high sweep and the thin wing con-
ditions. The thick wing lift curve slope was underpredicted
at the highest Mach number because the predicted transonic
thickness correction became too small.
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9.2 Cranked Wing Study

Comparison of the predicted lift curve slope, drag-due-
to-lift factor, minimum drag and pitching moment slope with test
data for three of the wing models reported in Reference 40 are
shown in Figures 99 through 102. Each wing was planer and
was mounted separately on a cylindrical body of revolution
which had a Sears-Haack nose. Model I was a 59 degree lead-
ing-edge triangular planform and Model 2 and 3 had two straight
line leading edge segments of different sweep angles (referred
to as "cranked" planforms). The three models were designed to
have the same exposed span and exposed area.

The predictions of the lift curve, drag due-to-liftmini-
mum drag and moment curve for the Model 1 wing agreed closely
with the experimental data except for the moment prediction at
Mach 2.94 and the minimum drag at the transonic conditions and
at Mach 2.94. The predicted lift curve slope for Models 2 and
3 matched the experimental data at the low subsonic Mach number,
but the program did not predict the large increase in lift-curve
slope at transonic Mach numbers and the program overpredicted

ItLie t-curve bslope- fo b- - - saupersonia LIL.,• LCI Z. ILI; SUsLfLic

and transonic predictions of drag due-to-lift, for Model. 2 and
3, agrees well with experimental data, but the supersonic values
are underpredicted because the lift curve slopes were overpre-
dicted. The predicted pitching moment curve slope was in fair
agreement with the test data for Models I and 2 up to a Mach
number of J.6; beyond 1.6 Mach the pitching moment was over-
predicted. The minimumn drag prediction for Model 2 was in
fair agreement with experimental data except in the transonic
region. The minimuml drag predictions for Model 3 were on the
average 14 percent higher than the test results.

9.3 C-141A Flight Test Data i
Comparison of the C-141A flight test drag polars with full-

scale corrected wind-tunnel polars and Large Aircraft program
results are shown in Figures 103(a), (b), and (c) for M=0.7,
0.75, and 0.775. These results indicate that the Large Air-
craft program predictions are in good agreement with the flight
data points at the higher values of CL and lower values of
Mach number. Comparison of the flight test versus predicted
drag-rise characteristics are presented in Figure 104 as drag
variation with Mach number ior constant lift coefficients.
These results indicate that the reason why the drag polar was
underpredicted at the higher Mach num' rs and lower lift co-
efficients was due primarily to overprec±2ctiig the drag rise
Mach number, Mcr.
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The C-141A flight test data shown in Figures 103 and 104
were obtained from Reference 41. The flight test data in
Reference 42 are corrected to an equivalent rigid-aircraft
condition trimmed at a c.g. location of 0.25 mean aerodynamic
chord at a Reynolds number of 55 x 10 6 /MAC. The corrected
wind tunnel polars shown in Figure 103 were obtained from
Reference 42 where fully-corrected model test data was extra-
poled to full-scale Reynolds number. The predictions of the
Large Aircraft program were made using the full scale C-141A
geometry presented in Reference 41. The program prgdictions
are trimmed at a 0.25 MAC c.g. location and 55 x 10 '/MAC
Reynolds number condition. The program prediction used a
7 count (0.0007) miscellaneous drag increment in the drag
buildup to represent the roughness drag. The 7 count rough-
ness increment was tho same as used in Reference 42 to scale
model data to full scale.

9.4 Hiýh Lift Configurations

Figure 105 showq the lift, drag, and pitching moment
predictions for a wing-oJdy cowzfiguration compare - h test
data for a clean wing and a partial ind full-span .,Angle-
slotted flap (Reference 43). The prt-gram results are in good
agreement with the clean wing lift momnent and drag. The incre-
ment in lift due to flap deflection is underpredicted at
CL^AX, but the relative predicted differences between the
full-span and partial-span flaps were similar to the test
data. The increment in moment due to flap deflection was
underpredicted for both the full-span and partial-span cases,
while the drag increment for flap deflection was overpredicted
on!- .... -r f.-ll-span u• 1on.. .
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10. CONCLUSIONS AND RECOMMENDATIONS

The Large Aircraft Aerodynamic Prediction Program provides the
aerodynamicist with a quick-response capability for evaluating the

aerodynamic characteristics of arbitrary large aircraft or perform.
ing design trade studies. The Large Aircraft program offers a sig-
nificant improvement over hand calculatLons based on handbook
methods because:

1. The program can consider more complex relationships
between geometric and aerodynamic parameters that
may be neglected or not feasible in hand calculations.

2. Typical hand calculations require a long series of
intermediate calculations and chart lookups that
require a great deal of time to perform and are
prone to error.

3. The program always performs the calculations in a
consistent manner, whereas hand-calculation results
may vary between individuals doing the same cal-
culations.

Before using the Large Aircraft program to analyze an arbitrary
configuration, the user should familiarize himself with the methods
and operation of the program. If a similar-type configuration with
test data is available, it should b.ý evaluated first with the program
so as to establish limits for credible lift, moment, and drag pre-
dictions for those types of configurations.

The modular construction of the Large Aircraft program will
allow subroutines to be added or replaced to incorporate new and/
or improved aerodynamic prediction procedures as they become avail-
able. Future improvements to the Large Aircraft program should
extend the program to better handle fighter aircraft by Including buffet
predictions, transonic maneuvering devices, higher Mach numbers, etc.

194



_________I ___________,______ . . .. __ _._,

REFERENCES

1. Schemensky, R. T., Preliminary Design Aircraft Lift and
Drag Analysis Procedure, AeroModule V, General Dynamics'
Convair Aerospace Division Report ERR-FW-1363, December
1972.

2. USAF Stability and Control DATCOM, Air Force Flight Dynamics
Laboratory, October 1960 (Revised August 1968).

3. White, F. M., and Christoph, G. H., A Simple New Analysis
of Compressible Turbulent Two-Dimensional Skin Friction
Under Arbitrary Conditions, AFFDL-TR-70-133, February 1971.

4. Aerospace Handbook, Second Edition (C. W. Smith, ed.),
General Dynamics' Convair Aerospace Division Report FZA-381-
II, October 1972.

5. Hoerner, S. F., Fluid-Dynamic Drag (Published by the author,
Midland Park, New Jersey, 1965).

6. Linnell, R. D., Similarity Rule Estimation Methods III,
Flow Around Cones and Parabolic Noses, General Dynamics'
Convair Aerospace Division Report M-'A-1059, 10 August
1955.

7. Peake, D. J., "Three-Dimensional Flow Separations on Upswept
Rear Fuselages," Canadian Aeronautics and Space Journal,
Vol. 15 (December 1969), p. 399.

8. Frost, R. C., and Rutherford, R. G., "Subsonic Wind Span
Efficiency," AIAA Journal, Vol. 1, No. 4 (April 1963).

9. Benepe, D. B., et al., Aerodynamic Characteristics of Non-
Straight-Taper Wings, AFFDL-TR-66-73, October 1966.

10. Henderson, W. P., Studies of Various Factors Affecting
Drag Due to Lift at Subsonic Speeds, NASA TN D-3584,
October 1966.

11. John, H., On Induced-Drag Calculation of Uncambered and
Untwisted Wings as a Function of the Reynolds Number,
Boeing Company Report B-819.41, March 1969 (Originally
published by VFX, for GDLR Aerodynamics Colliquium,
Berlin, October 1968).

195



REFERENCES (Continued)

12. Ray, E. J., and Taylor, R. T., "Buffet and Static Aarodynamic
Characteristics of a Systematic Series of Winds Determined
From a Subsonic Wind-Tunnel Study, NASA TI-; D-5805, June
1970.

13. Simon, W. E., et al., Prediction of Aircraft Drag Due to
Lift, AFFDL-TR-71-84, July 1971.

14. A Method of Estimating Drag-Rise Mach Number for Two-Dimen-
sional Aerofoil Sections, Royal Aero. Soc. Transonic Data
Memorandum 6407, July 1964.

15. Sinnott, C. S., "Theoretical Prediction -f the Transonic
Characteristics of Airfoils," Journal of the Aerospace
Sciences, Vol. 29, No. 3 (March 1962).

16. Method for Predicting the Pressure Distribution on Swept
Wings With Subsonic Attached Flow, Royal Aero. Soc. Tran-
sonic Data Memorandum 6312, December 1963.

17. Miller, B. D., Notes on Wing Design Methods for
critical Airfoils, General Dynamics' Convair Aerospace
Division Report ARM-061, October 1971.

18. Drag-Rise Mach Number of Aerofoils Having a Specified
Form of Upper-Surface Pressure Distribution: Charts
and Comments on Design, Royal Arer. Soc. Transonic
Data Memorandum 67009, January 1967.

19. Lowry, J. G., and Polhamus, E. C., A Method for Pre-

Angles of Attack in Incompressible Flow, NACA TN 3911,
1957.

20. Spencer, B., Jr., A Simplified Method for Estimating
Subsonic Lift-Curve Slope at Low Angles of Attack for
Irregular Planform Wings, NASA TM X-525, May 1961.

21. Polhamus, E. C., Summary of Results Obtained by Tran-
sonic-Bump Method on Effects of Planform and Thickness
on Lift and Drag Characteristics-of Wings at Transonic
Speeds, NACA RM L51H30, 30 November 1951.

22. Nelson, W. H., and McDevitt, J. B., The Transonic
Characteristics of 17 Rectangular, Synetrical Wing
Models of Varying Aspect Ratio and Thickness, NACA RM
A-51AT 10 May 1951.

196

k/



REFERENCES (Cont' d)

23. Tinling, B. E., and Kolk, W. R., The Effects of Mach
Number and Reynolds Number on the Aerodynamic Charac-
teristics of Several 12-Percent-Thick Winas Havirn
35 Degrees of Sweepback and Various Amounts of Camber,
NACA R• A50K27, 23 February 1951.

24. Donlan, C. J., and Well, J., Characteristics of Swept
Wings at High b~.2cds, NACA RN L52A15, January 1952.

25. Hoerner, S. F., The Lift of a Body-Wing Combination,
Wright-Patterson Air Force Base Air Documents Division
Report F-TR-1187-ND, September 1948.

26. Schemensky, R. T., Braymen, W. W., and Crosthwait, E. L.,
Aerodynamic Configuration Analysis Procedure, AeroPtxdule,
Version IA, General Dynamics' Fort Worth Division Report
ERR-FW-931, 31 December -1969.

27. Pitts, W., Nielsen, J., and Kaattari, G., Lift and Center
of Pressure of Wing-Body-Tail Combinations at Subsonic,
Transonic, and Supersonic•S pee, e NAA-"A M I*I'7 1nC-7

28. Sherrer, H. J., Jr., and Crosthwait, E. L., The Predic-
tion of Lift Considering Body Cross Section and Complete
Configuration Planform, General Dynamics' Fort Worth
Division Report AIM-261, 17 September 1969.

29. Gilman, B. G., and Burdges, K. P., "Rapid Estimation of
Wing Aerodynamic Characteristics for Minimum Induced
Drag," Journal of Aircraft, Vol. 4, No. 6 (November-
December !967)

30. Polhamus, E. C., "Prediction of Vortex-Lift on Leading-
Edge Suction Analogy," AIAA Paper No. 69-1133, October
1969.

31. Schemensky, R. T., Prediction of the Lift Characteristics
of Low Aspect Ratio Wings, General DynamicsT Convair Aero-
space Division Report ARM-098, 14 November 1972.

32. Polhamus, E. C., Charts for Predictinr the Subsonic
Vortex-Lift Characteristics of Arrow, Delta, and
Diamond Wings, NASA TN D-6243, April 1971.

197



REFERENCES (Cont' d)

33. Benepe, D. B., Analysis of Nonlinear Lift of Sharp-
and Round-Leading-Edge Delta Wings, General Dynamics'
Fort Worth Division Report ERR-FW-799, December 1968.

34. Kuchemann, D., A Simple Method for Calculating the
Span and Chordwise Loading on Straight and Swept Wings
of any Given Aspect Ratio at Subsonic Speeds, A.R.C.
Technical Report R&M No. 2935, August 1952.

35. Emerson, H. F., Wind-Tunnel Investigation of the Effect
of Clipping the Tips of Triangular Wings of Different
Thickness, Camber, and Aspect Ratio - Transonic Bump 3
Method, NASA TN-3671, June 1956.

36. Young, A. D., The Aerodynamics Characteristics of
Flaps, Royal Aircraft Establishment, Farnborough,
RAE Report No. Aero. 2185, February 1947.

37. Schemensky, R. T., High-Lift Prediction Techniques,
General Dynamics' Fort Worth Division Report AIM-170,
12 February 1969.

38. Hebert, J., et al., Effects of High-Lift Devices on
V/STOL Aircraft Performance, USAAVLABS Technical
Report 70-33A, October 1970.

39. Hebert, J., et al., STOL Tactical Aircraft Investigation,
Volume TI - Design Compendium, AFFDL-TR-73-21, 1. January. 1973

40. Hopkins, E. J., Hicks, R. M., and Carmichael, R. L.,
"Aerodynamic Characteristics of Several Cranked Leading-
Edge Wing-Body Conbinations at Mach Numbers From 0.4 to
2.94" NASA TN D-4211, October 1967.

41. Paterson, J. 11. et al., "An Analysis of Flight Test Data
on the C-141A Aircraft," NASA CK-1558, June 1970.

42. MacWilkinson, D. G., Blackerby, W. T., and Paterson, J.H.,
"Correlation of Full-Scale Drag Predictions with Flight
Measurements on the C-141A Aircraft," Lockheed-Georgia
Company Report LG73ER0058, June 1973.

43. Sivells, J.. C. and Spooner, S. H., "Investigation in the
Langley 19-Foot Pressure Tunnel of Two Wings of NACA 65-210
and 64-210 Airfoil Sections with Various Type Flaps,"
NACA TR 942, 1949.

j 198


